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Executive Summary

This report presents the comprehensive design, analysis, and sizing of an air-launched Two-Stage-
To-Suborbit (TSTS) launch system for crewed antipodal point-to-point transportation. The mis-
sion requires delivering 6 passengers across∼ 20000 km with± 20 km landing accuracy via a ballis-
tic trajectory, using an expendable launcher with high TRL (Technology Readiness Level > 6, AD2
risk < 40%) and parachute-based landing system.

After rigorous trade-off analysis of ground-based and air-launched architectures, the selected base-
line is an air-launched TSTS system carried by the Scaled Composites Model 351 Stratolaunch Roc
aircraft, featuring a winged Pegasus ® XL-style rocket with LOX/LCH4 propulsion for both stages,
obtained by rescaling the Sea-Level & Vacuum versions of the SpaceX ® Raptor 2 engines used on-
board Super Heavy-Starship launch vehicle. The nominal mission is designed to achieve v f = 7.75
km/s with a 114266 kg initial mass.

A lightweight 6-crew Orion Crew Exploration Vehicle CM-derived capsule with triple-parachute
landing system and rescaled Launch Abort System (LAS) provides the required landing accuracy
via precision ballistic trajectory control, maintaining high operational flexibility, safety, and TRL
compliance. Complete mission analysis, trajectory analysis, aerodynamic characterization, struc-
tural sizing with validated structural indices and performance verification confirm full compliance
with all assignment requirements.
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Nomenclature

Symbol Parameter Unit

∆Vtot Total Mission Delta-V m/s
∆Vreq Required Delta-V m/s
M0 Gross Lift-Off Weight kg
mpay Payload Mass kg
MHyperLander Mass of the designed launcher kg
MPegasus XL Mass of the reference baseline kg
µ Mass ratio (MHL/MPeg) –
λ Linear scaling factor –
T /W Thrust-to-Weight Ratio –
Max-Q Maximum Dynamic Pressure Pa
LV Launch Vehicle –
Isp Specific Impulse s
ṁ Mass Flow Rate kg/s
O/F Oxidizer-to-Fuel Ratio –
Pc Chamber Pressure bar
CF Thrust Coefficient –
FFSC Full-Flow Staged Combustion –
ϵnozzle Expansion Ratio –
At Throat Area m2

Ae Exit Area m2

Lnozzle Nozzle Length m
ϵs Structural Ratio –
mdry Dry Mass kg
mprop Propellant Mass kg
W /S Wing Loading kg/m2

t /c Thickness-to-chord ratio –
Np Number of Passengers –
mGLM Gross Launch Mass kg
d Maximum Outer Diameter m
Vpress Pressurized Volume m3

vspec Specific Volume per Passenger m3/pax
η Cylindrical Packing Efficiency –
ℓpress Pressurized Module Length m
dbase Base Diameter m
dtop Top Diameter m
θ Sidewall Angle deg
mcap, wet Capsule Wet Mass kg
mcrew Crew Mass kg
mcargo Cargo Mass kg
Id2 Volume Parameter m3

alimit(t ) Acceleration Limits g0

g0 Standard Gravitational Acceleration m/s2

(continued on next page)
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(continued from previous page)

Symbol Parameter Unit

T (t ) Thrust Profile N
Tmax Maximum Thrust N
ψ Thrust Regression Coefficient –
tburn Burn Time s
(F /W )0 Initial Thrust-to-Weight Ratio –
ϵLAS LAS Structural Ratio –
ζ Propellant Fraction –
fLAS Total LAS Mass Fraction –
mLAS Total LAS Mass kg
ρprop Propellant Density kg/m3

Vmotor Motor Volume m3

rmotor Motor Radius m
dmotor Motor Diameter m
ℓmotor Motor Length m
AR Aspect Ratio –
λtaper Taper Ratio –
Λ Sweep Angle deg
Cp Local pressure coefficient –
Cp ,max Stagnation pressure coefficient –
CL Lift coefficient –
CLα Lift curve slope rad-1

CD Total Drag coefficient –
CD ,pressure Pressure (wave) drag coefficient –
CD ,friction Skin friction drag coefficient –
CD ,base Base suction drag coefficient –
CD ,mol Free molecular drag coefficient –
CD ,newton Continuum Newtonian drag coefficient –
CD, 0 Parachute drag coefficient –
CN Normal force coefficient –
CN ,body Corrected body normal force coefficient –
Cd,c Cross-flow drag coefficient –
C f Average skin friction coefficient –
Fc , FRe Van Driest transformation factors –
ηcf Cross-flow efficiency factor –
w (h ) Sine-squared bridging function –
Sref Reference area m2

Swet Wetted surface area m2

Splan Planform area m2

Sb Base cross-sectional area m2

XLE Leading Edge position from nose m
Λfillet Wing-body fillet sweep angle deg
θlocal Local surface inclination angle deg
θmax Shock detachment limit angle deg
ReL Reynolds number based on length –
Kn Knudsen number –
M Mach Number –
β Ballistic Coefficient kg/m2

(continued on next page)
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(continued from previous page)

Symbol Parameter Unit

L/D Lift-to-Drag Ratio –
h , H Altitude m
D Drag N
L Lift N
q Dynamic Pressure Pa
θ Thrust direction/Pitch deg
α Angle of Attack deg
r Radial distance from Earth’s center m
RE Mean Earth radius m
θinertial Inertial longitude angle rad
v, V Velocity magnitude m/s
M Mach number –
γ Flight-path angle rad
t Time s
g (h ) Gravitational acceleration m/s2

ρ Atmospheric density kg/m3

p Atmospheric pressure Pa
Tatm Atmospheric temperature K
q̇conv Convective heat flux (stagnation point) W/m2

Q Total integrated heat load J/m2

ρe Density at boundary-layer edge kg/m3

µe Dynamic viscosity at BL edge Pa·s
Pr Prandtl number –
cp Specific heat (const. pressure) J/(kg·K)
Tad Adiabatic wall temperature K
Tw Wall temperature K
ϵ Surface emissivity –
σ Stefan-Boltzmann constant W/(m2K4)
Rn Capsule nose radius m
LTPS TPS thickness m
ρTPS TPS material density kg/m3

k TPS thermal conductivity W/(m·K)
Tback TPS back-face temperature K
hint Internal heat-transfer coeff. W/(m2K)
mTPS Total TPS mass kg
Vterm Terminal descent velocity m/s
tdep Parachute deployment time s
t f Parachute filling time s
b Inflation exponent –
hdrogue Drogue deployment altitude m
hmain Main deployment altitude m
n , gmax Load factors –
Rfinal Achieved downrange m
Rtarget Target downrange m
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Chapter 1

Introduction

The growing Space Economy has enhanced the development of technological solutions, not only to
make space more accessible but also to address needs that once would be considered pure fantasy.
Suborbital transportation and Space Tourism are among the latter. In the defense sector, tangible
interest was manifested with the RocketCargo program of U.S. Air Force Research Laboratory, issu-
ing in 2022 a $102 million contract to SpaceX (and later other players) to develop a P2PD system
for military equipments [1]. In this context, the HyperLander solution aims at fulfilling the require-
ments of a military crewed P2PD mission while addressing additional needs considered extremely
valuable for this specific context. In order to do so, a preliminary concept design for a first-ever
crewed airborne launcher was developed, capable of reaching an apogee of 200 km with a speed
approximating orbital insertion v f = 7.75 km/s. Being this an element of true novelty in the Space
Launch sector, during the modeling of each system attention was focused on simplicity and valida-
tion of the obtained results, in order to obtain a first solid design guess to be vertically investigated
in further design iterations. The design process begins with the identification and trade-off anal-
ysis of suitable alternatives to accomplish the assigned mission, to later proceed with a multidis-
ciplinary design loop involving Payload, Trajectory, Propulsion, Layout, Aeronautics analysis that
were complemented with Structures, Risk & Reliability and Guidance and Control Analysis.

Figure 1.1: HyperLander LV fully integrated with Scaled Composites Stratolaunch "Roc".
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Chapter 2

Mission Requirements

This section chapter presents the requirements of the mission the design process addresses. In App.
M functional analysis and system’s requirements allocation are further deepened.

• R0: Design Reference Mission
– Antipodal trajectory
– 6 passengers
– Accuracy of 20 km

• R1: LV Design
– One or more stages
– Expendable
– High TRL or AD2 risk rate less than 40%

• R2: Re-entry
– Assume perfect ballistic trajectory
– 50% success rate

• R3: Capsule Design
– Shape & Size
– Weight & Center of Mass
– Parachute

• R4: Programmatic Requirements
– Human spaceflight
– Ground impact casualty risk ≤ 10−4

– Compatibility with launch site
– Military equipment

• RM: Military Requirements
– Covert Launch
– Operational readiness
– Operational Flexibility

RM represents additional requirements, not directly expressed by the customer but considered es-
sential for the nature of the mission. An investigation on Horizontal Launch Vehicles for military
use conducted by the DARPA agency [2], highlights greater interests in Programmatic Requirements
and Mission Perfomance in defense applications with respect to NASA. More precisely, it was high-
lighted that the industry would trade a less expensive launcher with a solution meeting the listed
requirements, such as an airborne launcher. Here below they are expanded and contextualized in
the assigned mission:

• Covert Launch: as launchpad activity cannot be hidden from satellites, the mission would
be easily traceable. The implications for a crewed mission would make risk in most applica-
tions unacceptable as the counterpart might have time to intercept the capsule. Being able
to prepare the launch inside a hangar would address this issue.

• Operational Readiness: differently from space exploration, military missions are to be con-
sidered a tool in a more complex context rather than the context itself, the former being as
critical as unpredictable. The mission performance has to be evaluated also on reliability
on operational readiness. Whilst a human rated spaceflight constraints propellant choice to
cryogenic or semi-cryogenic solutions, time related to fueling would still be an issue, yet an
airborne launch would guarantee weather and launch queues issues avoidance.

• Operational Flexibilty: as long as the fueling infrastructure is available at ground, an air-
borne (horizontal) launcher could takeoff from any compliant runaway. Moreover, the car-
rier could release the launcher from the best locations, both to minimize ground causality
risk and to exploit sweeter latitudes. Moreover, if launch is constrained to a specific asset
on ground (i.e., launch pad), the latter would become a strategic objective to deprive from
launching capability.
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Chapter 3

Market Survey & Preliminary analysis

As manned airborne launch has never been performed before, with rare exceptions for high altitude
vessels capable of reaching the Kàrman line (X-15[3], SpaceShipTwo[4]) , the proposed design had no
existing or historical competitors to begin with. Therefore, at this stage, rather than a baseline se-
lection a preliminary horizontal analysis on existing solutions for relevant systems was conducted.

3.1 Launch Vehicle Architectures

With the goal of exploiting the high re-usability, derived from the operational flexibility of horizon-
tal take off launchers, in the last 40 years many attempts were made to develop this technology. In
order to address the listed requirements, the investigation started by exploring these concepts well
documented in the review [5]. In general, as also concluded in [2], the development of most ad-
vanced concepts such as SSTO or hypersonic TSTO are strongly limited by the available propulsion
technology. Moreover, hypersonic stage separation carries intrinsic technical challenges, while as
stated by the ASTROX investigation, documented in [5], such TSTO architecture would end up being
heavier than the largest supersonic aircraft ever built 1. The DARPA investigation [2], whose figure
of merit are aligned with the HyperLander mission requirements, concluded that to mitigate risk
in development, in a military context where less expensive solutions are willingly traded for more
performing ones, a subsonic airborne launcher integrated on existing airframe would find its fit.
Inspired by this work, it was chosen as baseline for the HypeLander concept. The Pegasus XL was
then chosen as baseline to estimate wing contributes both in terms of structures and aerodynam-
ics. Moreover, it resulted being extremely useful in validating obtained results. Yet, both size and
propulsion had to be defined resorting to other solutions.

3.2 Compliant Payloads

As illustrated in Tab. 3.1 the preliminary investigation considered the possibility of a gliding capsule
as it would reduce the∆vdesign thanks to a lift to drag ratio grater than 1[6] . Yet, being not required
and requiring an investigation beyond the scope of this work, this option was discarded. Starting
from the presented data, the capsule was designed considering the lower mission duration with
respect to the missions for which the presented options were designed for (Ch. 5).

3.3 Preliminary Trade-off

To identify the Launch Vehicle initial mass M0, propulsion system, structural mass and evaluate
alternatives for the carrier, a trade off analysis was performed based on available data in literature
and based on what could be directly deduced from the mission requirements. For the latter, final
conditions, payload and release conditions were considered definitive.

1to bring a ≈4.5 t to LEO
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Table 3.1: Comparison of crewed space capsules

Capsule / Vehicle Volume (m3) Crew Type Dry Mass (t)
Crew Dragon [7] 9.3 7 Ballistic 9.5
Starliner [8] 11 7 Ballistic 13
Orion [9] 9 4–6 Ballistic 26 (full) / 10 (CM)
Soyuz-MS [10] 4 3 Ballistic ≃ 3
New Shepard [11] 15 6 Ballistic 8
Dream Chaser [12] 16 7 Glider 9
X–38 [13] 11.8 7 Glider 10

Final Conditions: to reach the globe’s antipode a trajectory reaching an apogee of 200 km with a
speed approximating orbital insertion of 7.75 km/s was defined 2. These choices were made to keep
the flight suborbital while maximizing the downrange. In fact, this suborbital orbit has its perigee,
by definition antipodal, at 100 km of altitude, at which the flight would be considered atmospheric
and thereby setting the re-entry point. More available in the descent section (Ch. 7).

Payload: Payload and LAS weight were estimated as detailed in Ch. 5.

Release conditions: Initially, the Stratolaunch was selected due to its higher payload mass margin
and simplified integration. However, the Boeing 747-400 was also evaluated, following [2] recom-
mendations. Release parameters were defined to ensure compatibility with both carriers, specifi-
cally adhering to the Stratolaunch flight envelope (Sec. 8.1), which represents the most restrictive
case. The∆vlatitude contribution is likewise derived from this analysis.

Table 3.2: ∆v Budget. Gravity losses are conservatively estimated by scaling reference ground-launch TSTO data [14] by
a factor of≈ 5

6 , deriving from the ratio between the current air-launch ignition altitude and the reference Stage 1 burnout
altitude. Detailed derivation is provided in Ch. 7.

Negative Contribution Value Reference
∆vgrav 13.7% [14]
∆vdrag 322 m/s [15, 16]
Positive Contribution Value Reference
∆vlatitude 450 m/s Sec. 8.1
∆vrelease 170 m/s Sec. 8.1
hrelease 11 400 m Sec. 8.1
∆vfirst stage 40% [14]
∆vdesign ≃ 8.635 km/s –

The trade-off analysis was conducted as shown in Fig. 3.1. M0, Mprop1, Mprop2 were computed for
ϵS2 = [0.08, 0.1, 0.12] and ϵS1 ∈ [0.08, 0.15], with Isp ∈ [330, 400] s . In this early phase, same specific
impulse was considered for first and second stage. Given the issues that would result from payload
integration with the carrier, and given the provided tight margin for propulsion system design, the
Boeing 747-400 option was definitely discarded. Additionally LCH4 was chosen as propellant, as its
characteristic performances would ensure a relatively low M0 without resorting to LH2.

3.3.1 Assumptions for Structural Indexes

To assume the structural indexes on which the design loop would be based on, a rough and conser-
vative approach was followed as structure optimization is not objective of this concept design. First,
to estimate the impact on the structural weight of the first stage a comparison with the Pegasus’ ϵS1

2As detailed in Ch. 7, it was not necessary to match the exact orbital speed (7754.5 m/s) to reach the antipode, nominal
value of 7.75 km/s was thereby chosen.
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Figure 3.1: Trade-off with ϵS2 fixed at 0.1.

computed from [17]was made with the data available in [18]. It was deduced that the Pegasus’ first
stage had a structural index≃ 40% grater than a high performance solid propellant stage. Moreover,
from the analysis in [19] 3 and the propellant mass provided from the trade-off analysis as shown in
Fig. 3.1, it was possible to estimate what would be the stages’ structural index based on the propel-
lant mass. This method was validated with Starship’s structural index deduced from [20], that was
predicted with an error of ≈ 10%. Moving on, the previously deduced wing-factor was applied on
the first stage. Then, for both stages a conservative factor of safety was applied to take into account
non optimality, simplifications made in the tradeoff analysis, epistemic uncertainties at this level
of design and on the data considered. Result were then rounded by excess.

Estimated from [18],[19] Wing F-S factor Safety factor Resulting coefficients
ϵS1 ≃ 0.0698 1.4 1.3 ≃ 0.13
ϵS2 ≃ 0.0766 0 1.3 ≃ 0.10

Table 3.3: Structural mass fractions and resulting coefficients

An exhaustive description of the procedure is available in App. A.

3The analysis provides relation between propellant mass and structural index (considering the entire dry mass), with
optimization tools and empirical corrections
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Chapter 4

Goals in Design & Design Loop

The lack of historical competitors and intrinsic challenges of the proposed system make this work
truly pioneering; thereby, many answers to questions arised during the design process couldn’t
be answered if not by vertically investigating the matter. Such investigations wouldn’t be justified
without a solid first design that at least ensures a margin of feasibility of the overall design. The
design goal of the present work is to navigate through uncertainty with simple, conservative and,
where possible, validated choices, especially in the most critical design areas, to provide the above
mentioned design precursor together with lessons learnt and to be applied in further iterations.
This section provides an overview on the design workflow and the final results of the design.

4.1 Design Areas
A representation of the design areas involved in the design process is represented in Fig. 4.1; disci-
plines and systems are here grouped in macro areas and relations between them highlighted.

Trajectory

Aeronautical

Ascent 2-dof
Trajectory

Trajectory
Descent

Payload

StagingDynamics &
Controls

Aerodynamics Design
and Modeling

Carrier
Analysis

StructuresShape & Mass
Distribution

Propulsion

Figure 4.1: Design areas and discipline coupling.

4.2 Design Process

In compliance with the goal and philosophy of this concept design, the design process was divided
into two stages: a Core Design Loop, involving limited systems and a downstream Design Verifi-
cation, involving the remaining. Obviously starting from the preliminary analysis in Ch. 3.

The Core Design Loop involved Ascent Trajectory Analysis, Propulsion System Analysis, Layout &
Mass Distribution Analysis and Aerodynamic modeling.

Before beginning, Isp, 1, Isp, 2 were provided based on the choice of propellant and with appropriate
modeling as described in Ch. 6. Then, starting from the data deducible directly from the require-
ments and the guesses for structural indexes (as discussed in Ch. 3), a layout and mass distribution
was guessed based on the most recent ∆vdesign guess. This would provide the necessary data to
model aerodynamics. Successively an overshoot on the∆vdesign was performed, overestimating the
losses, and layout recomputed. Then, an inner loop with ascent optimization on first and second
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stage burning times would begin, and at each iteration realistic losses were computed; therefore,
the layout would be updated. The inner loop would be finished when a feasible configuration with
compliant M0 was found. On this layout, new aerodynamic data would be provided and final ad-
justments on initial T /W were performed by observing new outputs from ascent optimization (e.g.
g-loads). The losses overshoot at the inner loop initiation resulted necessary to help convergence
on feasible solutions, that were updated by hand at each iteration.

Once full compliance was obtained, optimal staging was applied on the resulting∆vdesign; then, lay-
out and aerodynamics were updated and a final trajectory was produced. Interestingly, the energy
partition obtained from the inner loop gave results similar to optimal staging for the same∆vdesign,
making this last step the softer. Anytime a change in modeling in any of the involved disciplines
(or worse, in the ones considered as boundary conditions) was performed, this process had to start
from what was considered the latest valid step.

The downstream Design Verification involved Descent Trajectory Analysis, Structural Analysis, GNC
Analysis and Risk & Reliability Analysis and was focused on assessing whether the obtained results
were compliant with system’s and mission’s requirements,

4.3 Results
Table 4.1: Mission Mass, Propulsion, and Performance Summary of the LV Stages

Parameter Stage 1 (Booster) Stage 2 (Upper Stage)
Gross mass at ignition m0,1 = 114 266 kg a m0,2 = 29 725 kg b

Propellant mass mprop,1 = 72 554 kg mprop,2 = 22 691 kg
Dry mass (structures) mdry,1 = 10 841 kg mdry,2 = 2521 kg
Structural Ratio ϵ1 = 0.13 ϵ2 = 0.10
Propulsion system 2 × Raptor 2 “Lite” Air 1 × Raptor 2 “Lite” Vacuum
Thrust (stage total) F1,11.4 km = 2353.2 kNc F2,vac = 379.0 kN
Specific impulse Isp,1 = 343.17 sc Isp,2 = 368.50 s
∆V capability ∆V1 = 3391.44 m s−1 ∆V2 = 5208.56 m s−1

Thrust-to-weight ratio at ignition (T /W )1 ≈ 2.10 (T /W )2 ≈ 1.30
a Launch vehicle only, evaluated at Stage 1 ignition.
b Upper stage plus capsule at Stage 2 ignition; Launch Abort System already jettisoned.
c Evaluated at air-launch conditions (≈ 11.4 km altitude); g0 = 9.806 65 m s−2.

Figure 4.2: Nominal ascent trajectory. First stage in
blue, stage separation in yellow, second stage ignition in
orange and second stage in red.

Figure 4.3: Reentry propagation given uncertainty in
ascent trajectory. Vertical line defines target landing
point. Trajectories exceeding target are assumed to be
controlled leading to a 62% success rate (see Ch. 10).
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Figure 4.4: Key Points of the Ascent Phase and Landing Sequence.
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Figure 4.5: Final configuration blueprint of the HyperLander vehicle. The layout illustrates the in-
ternal arrangement of LOX and LCH4 tanks, the interstage section, and the integrated structural
dimensions derived from the reverse-sizing methodology.
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Chapter 5

Payload

5.1 Payload Design Goal: The "Sirius" Capsule

The primary objective of the payload subsystem is to dimension a crewed spacecraft capable of
accommodating six passengers (Np = 6) for a "quasi-LEO taxi" mission profile with a duration of
less than 24 hours. The design is constrained by the operational limitations of the Stratolaunch
air-launch platform and human-rating requirements, that are defined as follows:

• Gross Launch Mass (GLM): The total mass of the capsule including the Launch Abort System
(LAS) must satisfy mGLM ≤ 6 t to keep the rocket lift-off mass the lowest (see Ch. 8);

• Geometric Constraints: The maximum outer diameter is limited to d ≤ 3.8 m to remain com-
patible with a Pegasus XL-class fairing envelope [21];

• Safety Standards: The system must feature an integral Launch Abort System compliant with
NASA-STD-3001 requirements [22];

• Human Factors: Acceleration loads during abort scenarios must not exceed 8g for sustained
duration (t ≤ 6 s), with peak emergency loads limited to 12g for t ≤ 0.5 s [22, 23].

The chosen baseline is the 6-crew configuration of the Orion Crew Exploration Vehicle from NASA’s
Exploration Systems Architecture Study (ESAS) [9]. The spacecraft is designated Sirius, inspired by
the brightest star in the night sky and the faithful companion of Orion in Greek mythology.

5.2 Habitable Volume Analysis & Structural Mass Estimation

5.2.1 Volumetric Sizing Strategy

The pressurized volume Vpress is determined through analysis of historical specific volumes (vspec)
for comparable crewed spacecraft. While the Orion CEV offers a spacious 3.25 m3/pax for extended
missions [9], and the Soyuz TMA provides a constrained 1.33 m3/pax [10], the short mission duration
permits an intermediate optimization (see App. B for further details).

The selected specific volume represents a 24% improvement over Soyuz for allowing backpacks
stowage while maintaining reasonable structural efficiency. The total pressurized volume is:

Vpress =Np · vspec = 6×1.65= 9.9 m3 (5.1)

Suitable for this kind of space mission, according to [24].

5.2.2 Geometric Configuration

The geometric sizing utilizes Sforza’s empirical correlations [24]. Assuming a cylindrical packing ef-
ficiency factor η= 0.45 (representative of truncated cone geometries) and fixing the base diameter
d = 3.4 m (< 3.8 m requirement), the volume parameter and the pressurized module length are:

Id2 =
Vpress

η
=

9.9

0.45
= 22.0 m3 =⇒ ℓpress =

Id2

d 2
=

22.0

(3.4)2
≈ 1.90 m (5.2)
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The external geometry employs a truncated cone configuration with sidewall angleθ ≈ 30◦ (derived
from Apollo/Orion heritage) [9], resulting in a top diameter ≈ 1.20 m.

5.2.3 Structural Mass Estimation

The dry mass mdry is estimated using Sforza’s correlation (Eq. 10.1, [24]), modified with a factor of
0.84865 interpolated from the latest designs [7–13] to account for recent advancements [24]:

mdry = 470×0.84865× (Id2)2/3 ≈ 3132 kg (5.3)

The wet mass (mcap, wet) includes crew and consumables, as stated in Tab. 5.1.

Table 5.1: Sirius Mass Budget (starting from Crewed ISS CEV CM’s Table 5-4, [9])

Component Mass [kg] % of Dry Mass Notes

Structure 720 23% Primary structure, pressure vessel, micrometeoroid/debris
shielding.

Protection 99.4 3.2% Thermal protection system (TPS) (see App. C).
Propulsion 157 5% Reaction Control System (RCS, thrusters + tanks).
Power & Control 313 10% Batteries, power management, flight software, guidance al-

gorithms.
Avionics 350 11.2% Computers, communication systems, sensors, cabling [14],

including Stage 2’s (See Ch. 6).
Environment 438 14% Life support systems (ECLSS), air revitalization, water/waste

management.
Parachutes 310.2 9.9% Main and backup parachutes (see App. F).
Other & Growth 744.4 23.7% Interior outfitting, seats, displays, lighting, stowage,

parachute opening system.

Dry Mass (Total) 3 132 100% Total capsule dry mass.

Crew mass 6×140 kg Full Launch Entry Suits (LES) add 42.6 kg per crew member
(29 kg for personal parachute and survival systems) [25].

Consumables (Cargo) 3×180 kg Backpacks for 72h-exploration mission.

Capsule Wet Mass 4 512 mcap, wet =mdry+mcrew+mcargo, similar to Soyuz-TMA DM [10].

Figure 5.1: Scaled technical drawing of Sirius spacecraft generated by the sizing algorithm, showing
capsule, tower, and abort motor integration (AR = 4.0).
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5.3 Launch Abort System (LAS) Design

5.3.1 Propulsion System Architecture

The Sirius LAS is designed with amax ≤ 8 g0 for worst-case scenarios. To meet acceleration con-
straints while ensuring adequate separation, the LAS solid rocket motor employs a regressive grain
profile. The thrust profile decreases linearly to prevent excessive g-loads as propellant depletes:

T (t ) = Tmax

�

1−ψ
t

tburn

�

for 0≤ t ≤ tburn (5.4)

where Tmax =GLM×(F /W )0×g0. The numerically optimized LAS sizing parameters are in Tab. 5.2.

Table 5.2: LAS Sizing Parameters

Parameter Value Notes

Initial Thrust-to-Weight (F /W )0 = 7.5 Sea-level thrust
Burn time tburn = 6.0 s From NASA-STD-3001
Specific impulse Isp = 249 s Standard HTPB solid propellant
Structural ratio ϵLAS = 0.12 Advanced carbon-composite casing
Thrust regression ψ= 0.20 From NASA MLAS [26]

5.3.2 Mass Budget Closure

The Gross Launch Mass (GLM) is the sum of wet capsule mass and LAS mass. Using Sforza’s method-
ology (Eq. 11.27 from [24]), the propellant fraction ζ is:

ζ=
(F /W )0× tburn

Isp
=

7.5×6.0

249
= 0.181 (5.5)

Solving for mass closure from the total LAS mass fraction (including structure) gives:

fLAS = ζ(1+ ϵLAS) = 0.181×1.12= 0.203 =⇒ GLM=
mwet

1− fLAS
=

4 512

1−0.203
= 5657 kg (5.6)

Table 5.3: Sirius Final Mass Configuration

Component Mass [kg] Fraction [%]

Capsule wet mass (mcap, wet) 4 512 79.8
LAS total mass (mLAS) 1 145 20.2

– Propellant 1 022 18.1
– Structure 123 2.2

Gross Launch Mass (GLM) 5 657 100.0

5.3.3 Performance Summary

Due to the unique dynamics of the carrier, LAS performance was validated in two cases:

• Pad abort: Peak velocity = 184.5 m s−1 (Mach 0.54), altitude gain = 1182.2 m @ t = 10 s

• Airborne abort: Peak velocity= 379.3 m s−1, benefiting from v0 = 172.2 m s−1 initial condition

• Ballistic coefficient: β = 3.07 kPa (favorable for controlled descent)

For the full LAS motor dimensions, structural integration and aerodynamics and dynamic and kine-
matic simulation results see App. B.

12



Chapter 6

Propulsion, Staging & Structures

6.1 Introduction & Methodological Framework

This chapter presents the integrated design workflow for the propulsion system, stage configura-
tion, and primary structure of the HyperLander air-launched launch vehicle. The process follows
a sequential, requirement-driven methodology:

1. Mission Requirements & Mission-Driven Mass Allocation – Trajectory analysis (Chapter 7)
defines the total∆V =8600 m/s=3391.44 m/s (S1)+5208.56 m/s (S2), initial thrust-to-weight
ratios (T/W1 = 2.10, T/W2 = 1.30) and the maximum allowable dry mass for each stage;

2. Propellant & Cycle Selection – Leading to LOX/LCH4 and Full-Flow Staged Combustion;

3. Engine Geometric Scaling & Thermodynamic Nozzle Design – Raptor 2 engines are scaled to
meet T/W requirements and nozzle geometries are optimized using NASA CEA and standard
equations for propulsion systems (App. D, Sec. 1);

4. Stage Mass & Geometry Sizing – Inverse Tsiolkovsky equation determines propellant masses
and tank dimensions (App. D, Sec. 2);

5. Top-Down Thickness Derivation – With the chosen structural indices [14], structural mass is
distributed across the vehicle’s surface area to determine a uniform equivalent thickness;

6. Multi-Mode Verification – Derived thickness is rigorously verified against yield, buckling, and
shear failure modes with human-rated safety factors (SF = 1.4) [27] (App.es C & E).

The underlying calculations are implemented in a modular toolchain, performing: 1. Engine Scal-
ing & Performance Simulation; 2. Combustion Thermodynamics and Nozzle Design (for Stage 1
and Stage 2); 3. Mass & Geometry Sizing; 4. Structural Verification.

6.2 Propulsion

The propulsion system has four primary roles:

• Provide the total mission∆V required to reach the required altitude from launch conditions;

• Maintain the required thrust-to-weight ratios for controllability, trajectory shaping, and for
keeping high human-rating standards from the carrier release conditions;

• Support the overall system objective of high mission feasibility, not only pure performance.

6.2.1 Propellant & Propulsion Cycle Trade-Off Analysis

A structured propulsion trade-off was conducted at system level, evaluating multiple dimensions
simultaneously. Three cryogenic propellant combinations were compared (Tab. 6.1), and LOX/LCH4

was selected as the optimal compromise between Isp, tank-volume compatibility with the carrier,
clean combustion, and future technological developments.
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A known drawback of this choice is its fully cryogenic nature, which introduces constraints related
to propellant handling, conditioning, and fueling time, with potential implications for mission
scheduling and responsiveness. However, as discussed in Section 2, the present system architec-
ture prioritizes overall mission readiness and integration with the air-launch operational concept.
Within this context, the benefits provided by the selected propellant combination are considered
to outweigh the disadvantages associated with cryogenic fueling, which are therefore not treated
as primary drivers in the present analysis.

Table 6.1: Propellant Trade-Off Summary [14, 24, 28, 29]

LOX/LH2 LOX/RP-1 LOX/LCH4

Vacuum Isp (s) 440–450 300–320 330–380
Density (kg/m3, equiv.) Very low High Medium
Tank Volume Impact Very high Low Moderate
Operational Complexity Very high Moderate Moderate–Low

Three propulsion cycles were qualitatively compared (Gas-Generator, Expander, and Full Flow Staged
Combustion), since the whole LV was sized keeping in mind configurations starting from Mer-
lin 1D+ (RP-1/LOX, GG) [30], BE-3U (LH2/LOX, Expander) [31] and Prometheus (RP-1/LOX, GG)
[32]. Full-Flow Staged Combustion (FFSC) was kept as the reference architecture, inherited from
the Raptor family, because it maximizes chamber pressure without thermal over-stressing, yields
higher Isp at given nozzle dimensions, and scales favorably in thrust while maintaining efficiency
without lowering the TRL due to introduction to major modifications to the original engine.

6.2.2 Propulsion Architecture

The HyperLander launcher employs a two-stage LOX/LCH4 propulsion architecture, with both stages
powered by Raptor-class engines derived from SpaceX’s Raptor 2. The engines used are not full-scale
Raptor 2 units; a geometric scaling process was applied to Raptor 2 Sea-Level (SL) and Vacuum (Vac)
data to obtain “Lite” engines with thrust levels adapted to the air-launched mass range and to the
mission T /W requirements. The main stage-level propulsion parameters are synthesized, together
with other parameters, in Tab. 4.1.

6.2.3 Engine Scaling, Nozzle Design & Technology Readiness and Feasibility

The scaling factor λ for each engine is determined from the required thrust and reference thrust:

λ=
Freq

Fref
(6.1)

where Freq is the thrust required to meet the target T /W ratio at stage ignition, and Fref is the refer-
ence thrust of the baseline Raptor 2 engine (Sea-Level or Vacuum). For this reason:

Freq,S1 =
�

T

W

�

S1
·m0,1 · g0 Freq,S2 =

�

T

W

�

S2
·m0,2 · g0 (6.2)

The nozzle geometries were obtained via an iterative combination of geometric scaling and ther-
modynamic design using NASA CEA, ensuring that the scaled engines are physically consistent with
the expected chamber conditions and optimized expansion ratios from original Raptor’s datasheet
[33]. The thermodynamic design validates the geometric scaling: the comparison between purely
geometric scaling and CEA-based sizing shows thrust discrepancies smaller than 0.1% and exit di-
ameter differences of only a few millimeters, confirming the consistency of the Raptor "Lite”.

The geometric and performance characteristics of the scaled engines are summarized in Tab. 6.2,
and the detailed thermodynamic equations are provided in App. D, Sec. 1.

14



Table 6.2: Geometric and performance characteristics of the Raptor 2 Lite rocket engines

Parameter Raptor 2 “Lite” Air (S1) Raptor 2 “Lite” Vacuum (S2) Reference
Vacuum Thrust 1191.1 kN 379.00 kN Rescaling
Throat Radius Rt,1 = 0.0819 m Rt,2 = 0.0455 m Rescaling
Exit Radius Re,1 = 0.4631 m Re,2 = 0.4546 m Rescaling
Expansion Ratio ϵ1 = 32 ϵ2 = 100 [33]

Nozzle Length (Parabolic) L1 = 1.1869 m L2 = 1.2161 m Rescaling
Thrust Coefficient CF,1 = 1.8628 CF,2 = 1.9455 Rescaling
Engine Dry Mass 859 kg 273 kg Rescaling
Scaling Factors (Vacuum) λ1, vac = 0.5270 λ2, vac = 0.1599 Rescaling

A remarkable fact is that the propulsion is validated not only by performance, but by its Technology
Readiness Level (TRL) and feasibility. The reference engine family, the Raptor 2, has demonstrated
thrust class > 2000 kN and chamber pressures > 300 bar, and is part of an operational LOX/LCH4

infrastructure already in existence. According to NASA’s guidelines [34], this base architecture is
considered to have TRL 8–9. In the geometric rescaling process, which led to lower lower thermal
loads, no new materials or combustion regimes were introduced, so a TRL 6–7 is estimated.

6.3 Staging

The staging is driven by the mission∆V requirement (8600 m s−1) and the selected propulsion. The
∆V is split between the two stages as ∆V1 ≈ 3391 m s−1 (Stage 1) and ∆V2 ≈ 5209 m s−1 (Stage 2).
Using the inverse Tsiolkovsky equation (App. D, Sec. 2), the resulting stage masses are computed
(See Tab. 4.1). The payload for Stage 1 is the total mass of Stage 2 plus the LAS; the LAS is jettisoned
at staging, so Stage 2 ignites with only the capsule as payload.

The tank volumes are calculated from mprop, MR, and ρLOX, LCH4
, including a 5% ullage factor for

isotensoid domes with a
p

2 : 1 elliptical ratio (App. D). This geometry equalizes hoop stresses be-
tween cylinders and domes, enabling uniform wall thickness and removing stress concentrations.

The overall vehicle geometry is constrained by carrier-aircraft compatibility (maximum diameter
of 3.40 m) and aerodynamic stability (length-to-diameter ratio of 4.7). The final tank lengths and
overall vehicle dimensions yield a total vehicle length of 23.38 m and a slenderness ratio L/D ≈ 6.9.

6.4 Structures

6.4.1 Design Philosophy & Methodological Framework

Being exposed to significant bending moments during the critical pull-up maneuver (App. E),
the structural design of air-launched LVs presents unique challenges distinct from conventional
ground-launched systems, which are primarily optimized for axial compression. Traditional struc-
tural sizing employs iterative loops that guess thicknesses and verify mass constraints—an ineffi-
cient approach for air-launched vehicles where mass constraints are paramount. In line with the
design goals, this work develops a reverse-sizing methodology that starting from the mass budget
computes the available shell thickness, computes the stresses deriving from the load analysis and
finally verifies if structures can withstand the latter in the most critical conditions.

With the assumptions made in Ch. 7, 2-DOF flight data was projected onto a 3-DOF model to per-
form the load and structural analysis. This analysis was performed only on Stage 1 as discussed
later in this section. In line with these assumptions, control surfaces are assumed to set the center
of pressure position (neglecting the alteration in aerodynamic forces resultants), in order to obtain
the dynamic equilibrium a real vessel would have with the rotation imposed in the 2-DOF model.
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Regarding the distributions of loads, the following additional assumptions were made, leading to
the result in Fig. E.6. First, being the wing the main lifting body and the center of pressure originally
close to its longitudinal position, the normal-resultant force was concentrated in the position of the
Cp. Second, axial-resultant was uniformly distributed along the vehicle. Third, although the inter-
stage’s cylindrical shell is considered to be thick as the first stage, its contribute to the position of
the center of mass was neglected, having no propellant within. Finally, the rocket was modeled as a
beam with concentrated masses (and moments of inertia) in the Stage 1, Stage 2, Sirius capsule, and
LAS. Here, axial, normal and angular accelerations were applied to evaluate the inertial contribute
to the internal actions, solving for equilibrium. Therefore, stresses were computed as acting on a
cylindrical shell whose thickness includes tank and outer shell derived from the available structural
mass as detailed in App. E.

As detailed in App. E, several load conditions were considered: 1. Max-Q; Max-Qα; 2. Maximum
Axial Acceleration; 3. Maximum Angular Acceleration; 4.Loaded Transportation. Also, for the most
bending-critical condition (Max Qα), a conservative wind contribute 1 was applied in an additional
load analysis [14].

Figure 6.1: From left to right, Axial, Shear, & Moment Internal Actions - Max Qα +Wind Gust

To simplify this preliminary analysis, Stage 1 employs an integrated monocoque architecture where
the interstage is not a separate bolted assembly but an extension of the propellant-tank cylinder.
This eliminates redundant structural elements and enhances load-path continuity, contributing
approximately 15% mass savings compared to traditional bolted designs.

6.4.2 Load Cases & Verification Approach

The structural verification utilizes the absolute worst-case loading conditions extracted from the
flight envelope. While the Max ϑ acceleration represents a critical state for the Thrust Vector Con-
trol (TVC) authority and dynamic stability, the Max Qα +Wind condition is the structural design
driver. This case generates the peak aerodynamic bending moments and shear forces that gov-
ern the shell thickness required to prevent elastic buckling. Due to this, verification is performed
against the following envelope maximums (more details in Tab. E.1 & 6.3). The structural geometry
was reconstructed to match the∆V -based staging calculations, yielding dimensions in Fig. 4.5.

6.4.3 Thickness Derivation & Material Selection

The equivalent uniform shell thickness is derived from the available structural mass using:

t =
Mshell

ρAl-Li ·Atotal ·ksmear
(see App. E) (6.3)

Yelding the results contained in Tab. 6.5. Please note that the chosen material, Al-Li 2195, was

176 m/s, maximum intensity of gust at the Max-Qα altitude ≈ 40 kft[14]
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Table 6.3: Final Maximum Values from Loads Analysis adopted in Structural Design

Load Type Value Source

Bending Moment 5.63×106 Nm Max Qα +Wind
Shear Force 1.40×106 N Max Qα +Wind
Axial Compression 2.35×106 N Max Q
Operating tank pressure 320 kPa [35]

selected for its cryogenic compatibility with liquid methane, high strength-to-weight ratio, and
proven performance in aerospace applications (see App. C for further details).

6.4.4 Verification Results & Safety Margins

The derived thickness was verified against yield, buckling, and shear failure modes using analytical
models leading to the final Stage 1 stresses and safety factors, as detailed in App. E.

Table 6.4: Structural Verification Results: Stress Analysis and Safety Margins (Stage 1)

Failure Mode Applied Stress [MPa] Critical Stress [MPa] Safety Factor Status

Axial Compression (Buckling) σcomp = 46.00 σcr = 122.60 2.67 PASS
Axial Tension (Yielding) σtens = 54.40 σy ,allow = 400.00 7.35 PASS
Torsional/Shear Buckling τ= 21.22 τcr = 128.47 6.05 PASS

Tab. 6.4 shows that all failure modes exhibit substantial safety margins exceeding NASA-STD-5001
requirements. Being Stage 1 the most stressed, as shown in Fig. 6.1 and derived Stage 2 thickness
only slightly lower (12.35 mm for S1, 12.20 mm for S2), at this stage of design it is stated to be struc-
turally safe. In fact, although maximum axial acceleration is higher in the second stage flight and
bending loads from thrust vectoring not negligible, they are still expected to be lower than the loads
considered in this analysis.

The final structural design parameters are summarized in Tab. 6.5; complete analytical derivations,
equation sets, and verification workflows are documented in App. E.

Table 6.5: Final Structural Design Parameters

Parameter Stage 1 Stage 2 Justification

Material Al-Li 2195 Al-Li 2195 Cryogenic capability
Structural index (ϵ) 0.13 0.10 Historical validation
Derived thickness 12.35 mm 12.20 mm Mass-budget driven
Structural length 16.00 m 5.17 m Includes integrated interstage
Ring spacing [14] 0.85 m TBE D/4 optimization
Dome ratio

p
2 : 1

p
2 : 1 Isotensoid optimization

Shell mass 6,556 kg 2,093 kg From ϵ ·Mprop

Safety Factors Value Requirement
Buckling (axial compression) 2.67 > 1.4 (from S1) [27] 91% above minimum
Yield (tension side) 7.35 > 1.0 (from S1) [27] 635% above minimum
Shear buckling 6.87 > 1.4 (from S1) [27] 390% above minimum
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Chapter 7

Trajectory Analysis & Re-Entry

7.1 Ascent Phase

As described in Ch. 4 the identification of the ascent trajectory was a core discipline in the design
process, as its result would not only affect the disciplines involved in the Core Design Loop but
would also provide the data on which the downstream Design Verification would be based on. To
address this complex problem with the available tools, a simple approach based on key modeling
assumptions was persecuted, with a downstream validation to assess if the obtained results were
acceptable or not. In perfect compliance with this concept design goals.

7.1.1 Model & Key Assumptions

Being the Pegasus XL the main source for validation and wanting to keep the aerodynamic layout
as simple as possible, to avoid the rise of uncertainties that couldn’t be addressed at this stage of
design, key assumptions had to be made. In fact, as detailed in Ch. 8, the elevator necessary for
aerodynamic trim would serve also as control surface for the first stage. On the Pegasus XL this
demonstrated to be sufficient, therefore, addition of thrust vectoring would only add complexity,
mass, and losses. Yet, with aerodynamics being by themselves non-trivial at the regimes of inter-
est, a reasonable model of the control surfaces would be out of scope for the goal of this concept
design. To address these issues, a 2-DOF dynamic model, solved for optimal thrust orientation ϑ(t )
and burning times, was implemented, with the following considerations. First, being the thrust
vector direction of the first stage constrained to the body axis (i.e., no thrust vectoring), the rota-
tion of this vector could be used as a 3-DOF proxy for the body orientation of the rocket. Secondly,
control surfaces are assumed to be able to reproduce the "imposed rotation", ϑ, and changes in the
CL and CD aerodynamic coefficients are neglected. These assumptions would make the simplicity
of the 2-DOF model "talk" with models and analysis that needed orientation and rotation. Lastly,
for the≃ 30 s of high altitude atmospheric flight of the second stage, this same link between 2-DOF
and 3-DOF models was kept to better estimate aerodynamic coefficients. After the Kármán line,
aerodynamic forces were neglected and thereby these assumptions were not needed anymore. It is
important to underline that since the second stage is supposed to be equipped with thrust vector-
ing, the above mentioned assumptions would result less solid; the 3-DOF GNC feasibility analysis
is meant to address this issue and static stability issue as detailed in Ch. 8. Finally, a cartesian flat
Earth approximation was made for the ascent trajectory, being the downrange and apogee suffi-
ciently small with respect to the Earth’s radius [14]. This would introduce an error on the computed
trajectory, yet in compliance with the design goals final results were considered acceptable.

7.1.2 Problem Setting

Trajectory was optimized using a direct single shooting approach, solving for optimal ϑ(t ) and
burning times of first and second stage. Stage separation and second stage ignition time were
accounted for respectively 5 s and 10 s, to be considered reasonable according to available data
on launchers [36, 37]. The tool used was built-in MATLAB function fmincon that performed a local
optimization on a cost function defined as the sum of burnout times, first stage separation and
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Figure 7.1: Dynamic model rapresentation.

second stage ignition, with non linear constraints defined on the target values as reported in Tab
7.1. Initial conditions were set according to the analysis in Sec. 8.1 and set to the ignition time of
the first stage as in Tab 7.1. The excessive drag from a higher initial pitch angle would make the
solver search for lower initial ϑ values. Yet, being the optimal solution local, a better solution was
achieved by imposing an initial value. Moreover, a lower value is preferred as it shall be reached
using controlled surfaces after the release as detailed in the Pegasus’ flight data [16]. As a final note,
computations were made in an inertial frame of reference, therefore the Earth’s rotation contribute
would be added to the final reached velocity as it is common practice [14].

vbo γbo hbo ϑbound tbound

7.75 - 0.45 km/s 0° 200 km [-20°; +90°] tdesign · [0.7; 1]
v0 γ0 h0 ϑ0 -

170 m/s 0° 11.4 km 25° -

Table 7.1: Boundary condition to the optimization problem.

7.1.3 Nominal Trajectory Considerations

In this section, results for nominal configurations are discussed, constituting the nominal trajectory
of this design work, on which GNC 9, Uncertainty 10, Structural 6 analysis were later performed.

As detailed in App. L, trends similar to the Pegasus’ flight data were obtained. In particular, approx-
imate matches were found in: maximum γ ≃ 34◦, peaks and profiles of aerodynamic coefficients,
ascent trajectory profile, angular velocities and angular accelerations. The latter being less intense
in this case, as shown in App. L, thereby supporting the control feasibility assumption. Yet, also dif-
ferences were observed, probably linked to phenomena that could not be captured with this sim-
plified analysis: the final first stage the Pegasus’ aerodynamic coefficients slightly differ from the
obtained ones, the same happens to α, as is reported [16] to stabilize at 0◦, whilst in this case ≃ 5◦

(see App. L). Another notable difference was found in max q , as it sits at around 32 kPa (see Fig.
7.3a) while in the Pegasus’ surpasses 67 kPa according to [17, 38], and 48 kPa according to flight test
data [16]. This difference is attributed mainly to a lower T /W ratio as Pegasus’ is > 3 [17]. Difference
in drag losses (see Ch. A), as detailed in Tab 7.2 as well, should attributed to this phenomena.

Finally a trade off analysis was conducted to evaluate the possibility of providing a γ0 > 0. In Tab.
7.2 is reported a comparison with an initial γ0 = 20◦ trajectory. These results suggest that for a
winged configuration an increase in the γ0 does not provide substantial advantage; trading smaller
drag losses with higher gravity losses. In a study on this specific matter [39], it was pointed out that a
γ0 > 0 in winged configurations would be less beneficial than in non winged, having its maximum
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contribute atγ0 ≃ 30◦. In fact, wings should be used when a sufficient pull-up cannot be provided by
the carrier, as their presence is by nature penalizing due to mass and drag addition. In conclusion,
to mitigate uncertainty on the carrier’s capability to perform the pull-up maneuver, the non-zero
flight path angle alternative was discarded.

∆vdrag ∆vgrav ∆vsteer ∆vtot-loss

γ0 = 0◦ 268.77 m/s 821.99 m/s 59.85 m/s 1150.61 m/s
γ0 = 20◦ 177.23 m/s 866.12 m/s 55.27 m/s 1098.62 m/s

Table 7.2: Pull-up performance comparison.

Figure 7.2: From left to right: altitude and speed module vs time.

(a) q (t ) & q (t ) ·α(t ) in dashed line (b) γ(t ) (c) Axial g-load

Figure 7.3: Ascent attitude and flight path profiles. In blue first stage, in yellow coast for separation,
in orange coast for second stage ignition and in red second stage

In compliance with the design goal, the output ∆vdesign was set to 8600 km/s providing an addi-
tional ≃ 320 m/s to account for uncertainties that would be addressed in further design iterations.
Fig. 7.2 and 7.3 provide a representation of the obtained result for nominal trajectory. Finally, ac-
celerations and their endurance were considered compliant with human rated flight [22].

7.1.4 Thermal Loads

Convective Heat Flux (Stagnation Point)

Convective heating at the capsule stagnation point during ascent is estimated using a model based
on a convective heat-transfer coefficient coupled with the wall temperature. This formulation is ap-
plicable from the subsonic to moderate supersonic flow regimes characteristic of the ascent phase.
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The model accounts for velocity, atmospheric properties, and wall temperature through an adi-
abatic wall temperature formulation and a Nusselt-number-based correlation, while rarefaction
effects at high altitude are included via a Knudsen-number-based attenuation of the convective
heat flux. The detailed mathematical formulation is provided in App. H.

As shown in Fig. 7.4, the stagnation-point temperature and convective heat flux reach a maximum
during the early ascent and decrease rapidly with altitude. The predicted wall temperature remains
below 725 K, confirming that convective heating during ascent is not a critical driver for TPS design.

Figure 7.4: Stagnation-point thermal environment during ascent.

7.2 Capsule Descent and Atmospheric Re-entry

A classical blunt-body capsule configuration is adopted, exploiting aerodynamic drag for hyper-
sonic deceleration and a multi-stage parachute system for controlled terminal descent. Trajectory
is modeled on a 2-DOF, round Earth framework. The convective heat flux at the stagnation point is
computed by implementing Eq. 7.2 [40]. Further details and TPS thermal response in App. F.

q̇conv = 0.57 Pr−0.6pρeµe

√

√

�

dUe

d x

�

0
cp (Tad−Tw ) (7.2)

The capsule begins descent from hbo with an initial inertial velocity of 7747.9 m/s and γbo. The
discrepancy with vbo is assumed to be addressed by the RCS on board, in this work not modeled. In
fact, the descent initial velocity was toggled in order to cover the downrange from DRM carrier flight
and ascent trajectory. Entrance in atmosphere is considered at the Karman line, with γE ≃−0.38◦.

Fig. 7.5 shows the altitude evolution as a function of ground range and time, highlighting the shal-
low entry corridor that enables progressive energy dissipation followed by a rapid descent below
approximately 80 km where aerodynamic forces dominate.

7.2.1 Parachute System Selection and Performance

A two-stage parachute system consisting of a drogue and a main parachute is adopted. Both canopies
are selected as circular slotted parachutes, offering a favorable balance between effective drag area
and opening loads. [41] Detailed parachute dynamics and inflation modeling in App. F.

High-tenacity nylon is selected as canopy material, consistent with flight-proven systems such as
Soyuz. [10] System-level redundancy is included through duplicated drogue and main parachutes,
reflecting a conservative, crew-rated design philosophy. The main parachute is sized to achieve a
terminal descent velocity of 8 m/s at sea level.

Fig. 7.5 shows the velocity evolution throughout the descent sequence, including the ballistic en-
try phase and the parachute-assisted terminal descent. Reefed inflation stages effectively mitigate
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Figure 7.5: Descent profiles: altitude versus range (left), altitude versus time (center), and velocity
versus time (right).

opening loads and ensure a smooth and controlled deployment. Soft-landing retro-rockets, as em-
ployed in Soyuz-class vehicles, are noted for completeness but are neglected in the trajectory inte-
gration due to their negligible influence on the overall descent profile [42]. More details in App. F.

Figure 7.6: Re-entry and descent environment: velocity evolution including parachute deceleration
(left), convective heat flux history (center), and thermal protection system response (right).

7.2.2 Thermal Loads and TPS Sizing Results

The trajectory-based aero-thermal analysis described in App. F yields a total integrated convec-
tive heat load of Q = 154.3 MJ/m2, representative of long-range, high-energy atmospheric entry
trajectories and constituting the primary driver for TPS sizing. Several non-ablative insulation ma-
terials were evaluated at preliminary design level. Among them, FRCI-12 provides the best trade-off
between thermal performance and mass, satisfying both surface and back-face temperature con-
straints with the lowest total mass. The TPS thickness is selected accordingly, and the full sizing
methodology is described in App. F. The selected TPS configuration is summarized in Tab. C.4.
Fig. 7.6 shows the convective heat-flux evolution and the corresponding TPS thermal response,
confirming that all temperature limits are respected throughout the descent.

7.2.3 Mechanical Loads and Crew Safety Assessment

The longitudinal deceleration experienced by the capsule is evaluated along the complete descent
trajectory. The maximum predicted load factor is gmax = 8.13 g . This peak occurs during the high
dynamic pressure phase of atmospheric re-entry and remains within accepted limits for short-
duration crewed return profiles. The combined effects of shallow entry, aerodynamic braking, and
reefed parachute deployment ensure that mechanical loads remain compatible with crew safety
requirements as detailed in App. F.
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Chapter 8

Aeronautical & Missile Aerodynamics

8.1 Carrier Analysis

The HyperLander mission implements a horizontal air-launch configuration, selecting the Strato-
launch (Roc) aircraft as the carrier. The design provides exceptional flexibility, with multiple po-
tential airports and global eastward launch possibilities beyond this DRM as detailed in App. J.

The selected DRM launches from Manila Airport, Philippines towards the antipode near Bom
Morto, Brazil. This leverages Manila’s equatorial proximity for higher ∆vlatitude. Detailed trajec-
tory calculations J combined with flight envelope analysis yield the key parameters in Tab. 8.1.

Table 8.1: Carrier Analysis Key Parameters.

Total DRM Range Carrier covered distance vmax-carrier hmax-carrier ∆vlatitude

≃ 20036 km 569.7 km ≃ 172 m/s ≃ 11948 m ≃ 450m/s

In compliance with design goals, the objective of this analysis was to define conservative limits to
the flight envelope of the carrier, so that feasible ignition conditions could be derived. Modeling
the release of the LV was considered beyond this work target and a 5 s time interval was consid-
ered based on the Pegasus’ [43]. More precisely, the flight envelope was derived by scaling a known
flight condition [44] on the payload that the airframe would carry on this mission. An additional 5%
margin was introduced on maximum velocity leading the results in Tab. 8.1.

8.2 Aerodynamics

8.2.1 Aerodynamic Surface Sizing

The sizing of the aerodynamic surfaces has been done using a scaling approach based on the mass
ratio, with the main constraint of maintaining the reference Wing Loading (W /S ). This design
choice enables the scaled launcher to have the same Lift-to-Weight ratio as the Pegasus XL at similar
flight conditions. The mass ratio µ is defined as:

µ=
MHyperLander

MPegasus XL
(8.1)

The aerodynamic surface scales linearly with the mass ratio. The linear scaling factorΩ (applied to
chords and spans) is computed as the square root of the mass ratio (Ω=pµ).

Geometric Definitions

Reference geometric sizing of Pegasus XL’s wings were found in the User’s Guide Manual [45], tail
fins dimensions were estimated based on the analysis made in [46], leading to the results shown in
Tab. 8.2.
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Table 8.2: Geometric parameters: Comparison between Pegasus XL (Ref) and Scaled surfaces.

Main Wing Fin (each)

Parameter Ref Scaled Ref Scaled

Scaling Factor (λ) 2.223
Mass Ratio (µ) 4.942

Root Chord [m] 3.69 8.22 1.39 3.11
Tip Chord [m] 0.35 0.76 0.45 1.00
Semi-Span [m] – – 0.85 1.89
Full Span [m] 6.69 14.89 – –
Planform Area [m 2] 13.56 67.02 0.79 3.90

Due to the scaling process, the values of Aspect Ratio (AR = 3.30), Taper Ratio (λtaper = 0.09), Sweep
angle (Λ = 45◦) and thickness ratio (t/c = 0.06) did not change from the reference aerodynamic
surface configuration.

Configuration

Taking as reference Pegasus XL’s wings configuration, the wing surface (XLE = 17.16 m from the
nose tip) has been mounted on top of a saddle. Its configuration also includes a wing-body fillet.
In order to replicate its active aerodynamic function, a slightly bigger fillet, characterized by sweep
angle (Λfillet)= 75◦, ramp angle (θ )= 7.13◦ and total length (L)= 2.00 m, has been designed. Further
details on these elements can be found in App. G. The fillet (2 m) and part of the wing tip (1.5 m)
occupy the whole interstage; this was made according to two design choices: the interstage has the
same internal structure of the first stage (enabling it to sustain part of the aerodynamic forces) and
the separation from the two stages is done exclusively between the first stage and the interstage
itself. For simplicity, the tail fins have been placed on the same plane of the wings with a third
vertical one (0◦, 90◦, 180◦) differently from the reference Pegasus fin configuration (90◦, 210◦, 330◦)
[2]. Elevators necessary for for trim and control of the launcher are included in the fin structure.

Aerodynamic Analysis

The aerodynamic performance and stability across the whole ascent trajectory has been studied
adopting a multi-fidelity strategy. The analysis was divided into two different regimes based on the
Mach number. For simplicity, a side-mounted wing configuration was employed for this analysis
[2].
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Table 8.3: Synthesized Aerodynamic Methodology and Applied Corrections.

Regime Method Formula Comment

Subsonic to
Low-Hyp. 0.6 <M
< 4.5

USAF Missile
DATCOM [47–49]

— Standard high-fidelity engineering tool for
preliminary rocket design.

Hypersonic 5 <M
< 10

Mod. Newtonian
Theory [50]

Cp =Cpmax
sin2(θ ) Base inviscid solver based on pressure

distribution.

Hybrid Corrections applied to to the Modified Newtonian Theory Solver

Body Lift Allen-Perkins/
Jorgensen [51, 52]

CNbody
=η·Cd ,c ·

Splan

Sref
·sin2(α) Essential to capture non-linear lift

generated by the long cylindrical fuselage.

Wing Lift Linear Theory [53] CLα =
4p

M 2−1
Compensates Newtonian underestimation
of wing lift contribute.

Viscous Drag Van Driest II [54] CD , f =C f
Swet
Sref

Adds dissipative skin friction effects
neglected by the inviscid impact theory.

Base Drag Hoerner [55] CD ,base ≈ 1
M 2 Accounts for base suction/pressure drop.

Results Analysis – The coefficient trends are consistent with the physics across all flight regimes.
Interpolated results and further details can be found in App. G. The interpolation has been done af-
ter the computation of the trajectory. One of the aims of the design iterations will be to integrate the
interpolated result in the trajectory analysis in order to obtain more coherent and realistic results.
A preliminary comparison with the implied interpolated trajectory can be found in App. L.

8.2.2 Second Stage Aerodynamic Modeling

The aerodynamic analysis of the second stage differs from the one of the first stage due to the differ-
ent flight conditions and absence of lifting surfaces. The extremely rarefied atmosphere that char-
acterizes its operational altitude range (85-200 km) justifies the choice to switch to a Pure Modified
Newtonian Solver avoiding most corrections. In these conditions the aerodynamics of the remain-
ing assembly of the launcher, are dominated by the impact pressure on the surfaces [50].

Drag Corrections – The Newtonian solver accurately predicts the Wave Drag (CD, wave), but empir-
ical corrections were still necessary to account for residual marginal effects.

• Base Drag: This term naturally decays to zero at high Mach numbers, consistent with the
extreme rarefied condition of the atmosphere;

• Friction Drag: After the launcher crosses the Kármán Line the Van Driest method becomes
invalid. To prevent nonphysical results this term has been forced to zero above 100 km.

Results Analysis – The results shown in App G are compliant with the physics of our analyzed Mach
range and mission profile. The Lift Coefficient shows negligible sensitivity to the Mach Number
consistently with the Mach Number Independence Principle [50]. The Drag Coefficient shows the
same trend after Mach 10 (point conservatively selected as the regime at which the Kármán Line is
crossed).

8.2.3 Static Margin

Linking the 2-DOF trajectory data with the 3-DOF model as explained in Ch. 7, it was possible to
have an insight on the static stability margin of the vessel as shown in Fig. 8.1.
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The reference system has its origin (X=0) at the base of
the vessel, with the positive axis pointing towards the
nose. In this reference frame the condition for static
stability requires the Xcg to be located above Xcp. The
analysis reveals a region of slight static instability dur-
ing the first 8 s of flight. This enables the actuated tail
fins to start the pitch-up maneuver with minimal resis-
tance, enhancing maneuverability. Propellant deple-
tion progressively shifts the launcher towards a stati-
cally stable configuration. Despite manifesting static
instability in the upper atmopshere, the second stage
is controlled via TVC, as detailed in Ch. 9.

Figure 8.1: Static Margin

8.2.4 Capsule Aerodynamic Modeling

The Sirius capsule descent trajectory starts from an altitude of approximately 200 km to reach sea
level. Since the physics of the airflow varies from Free Molecular Flow in the upper atmosphere to
Continuum Fluid Mechanics in the lower atmosphere [50], a multi-regime approach was adopted.
The analysis assumes a ballistic reentry profile with a constant angle of attack α= 180◦ (heat shield
normal to the flow vector) with focus on the Drag Coefficient.

Table 8.4: Multi-region Drag Coefficient (CD ) modeling strategy across altitude regimes.

Altitude Regime Modeling Strategy

200–140 km Free Molecular Flow
(Kn> 10)

Constant CD based on Orion hypersonic rarefied analysis [56]

CD ≈ 2.2

140–100 km Transition Bridging function based on a smooth sine-squared interpola-
tion between Molecular and Newtonian values
CD =w CDmol

+ (1−w )CDnewt

100–50 km Continuum Fluid Panel Method based on Modified Newtonian Theory.

50–40 km Blending Zone Weighted interpolation applied to prevent discontinuities.

< 40 km Supersonic to
Subsonic

Experimental data from Orion Aerodynamic Database [57].

Results Analysis

The profile of the Drag Coefficient obtained from the multi-regions approach shows a reasonable
agreement with the Aerodynamic Database of the Orion capsule. The transonic peak, the plateau
at high Mach numbers and the transition to the Free Molecular Flow regime are consistent with
the characteristic behaviour of blunt bodies in similar conditions, as shown in the Orion capsule
analysis [56, 57]. Graph and further details can be found in App. G.
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Chapter 9

Guidance & Control

As observed in Ch. 7 and in Ch. 8, the 2-DOF model issues and static instability issues of the second
stage require a deeper analysis to meet the design goals. In this section the mentioned issues are
addressed by providing a simple control analysis of this critical phase of the mission.

9.1 3-DOF Modeling
The vehicle dynamics are modeled using a carte-
sian 3-DOF formulation, including inertial trans-
lational motion and rotational motion about the
out-of-plane axis. Thrust Vector Control (TVC),
aerodynamic forces, and gravity are incorporated
following standard aerospace vehicle dynamics
formulations [58, 59].
The system state vector is defined as

z = [x y vx vy ϑ q ]T .
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1

m
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�

− g

q̇ =
1

Icg

�

Maero−T xcg sin(δ)
�

ϑ̇ = q
(9.1)

The model resembles the one described in Ch. 7, with addition of rotational dynamics. δ represents
the inclination of the thrust vector with respect to the body axis, being positive counterclockwise,
Maero represents the aerodynamic moment computed from models in Ch. 8 as L, D, and it is pos-
itive counterclockwise. xcg represents the distance from base of the center of mass to which the
thrust arm is approximated in this analysis. Aerodynamic effects are neglected above the sensible
atmosphere (h ≥ 100 km). The vehicle mass and inertia properties are modeled as time-varying to
account for propellant consumption and staging events, as provided in App. K.

9.2 Control System Design

During the second stage, trajectory tracking is achieved using thrust vector control (TVC) by reg-
ulating the vehicle pitch angle to follow a reference profile obtained from a 2-DOF trajectory opti-
mization. A proportional–integral–derivative (PID) controller is used to generate the thrust vector
deflection command, with gains KP = 0.07, KI = 0.05, and KD = 2.5.

A relatively large derivative gain provides additional damping to suppress initial oscillations caused
by uncertainty in the pitch rate q (0). The TVC command is saturated to ensure physically realizable
limits and is applied only during the second stage burn.

9.3 Simulation Results

Nonlinear simulation results for the second stage are presented to evaluate trajectory tracking per-
formance by comparing the controlled response with the optimized reference in terms of velocity,
altitude, pitch angle, and thrust vector deflection.
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Figure 9.1: Commanded thrust vector deflection during the second stage.

Fig. 9.1 shows the commanded thrust vector deflection angle. An initial transient due to uncertainty
in the initial pitch rate and derivative action is observed (as coming from 2-DOF model in 7), after
which small thrust vector deflections are sufficient to maintain trajectory tracking. This proves
limited control effort.

Figure 9.2: Optimized and controlled horizontal and vertical velocity components.

Fig. 9.2 shows the velocity tracking by looking at its components: the optimized final velocity of
7300 m/s is closely matched by the controlled response, which reaches 7307.4 m/s, corresponding
to an absolute deviation of 7.4 m/s (0.101%).

Figure 9.3: Optimized and controlled altitude during the second stage.

As illustrated in Fig. 9.3, the controlled trajectory reaches an altitude of 199886 m compared to the
optimized value of 200000 m, resulting in an absolute deviation of 114 m (0.057%).
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Chapter 10

Risk, Reliability and Safety

10.1 Casualty Risk

Public risk associated with capsule re-entry and landing is regulated by the Federal Aviation Ad-
ministration through the Expected Casualty (EC) criterion, which limits the expected number of
public casualties per mission to EC < 10−4 in accordance with 14 CFR § 450.101 [60]. This criterion
constrains overall public risk as a function of landing footprint, casualty area, and population den-
sity, rather than directly imposing a vehicle failure probability limit. The detailed formulation of
the EC criterion and the assumptions adopted in its application are provided in App. I.

For the re-entry scenario considered, assuming a capsule mass of approximately 6.5 tonnes, an
effective casualty area of about 290 m2, and a representative population density of 6.1 people/km2

at the nominal landing site, the EC criterion yields a maximum allowable re-entry failure probability
of approximately 5.65%, which represents a regulatory upper bound rather than a design objective.

Historical Soyuz descent-module flight data provide a representative benchmark for blunt-body
capsule systems. Since the last fatal re-entry accident in 1971, more than 140 crewed Soyuz re-
entries have been completed without catastrophic failure [61, 62]. A conservative statistical estimate
places the catastrophic failure probability below 2.1% at 95% confidence, indicating that the EC-
derived limit is conservative relative to demonstrated operational heritage.

10.2 Uncertainty Analysis and Landing Accuracy

Uncertainty analysis is performed to assess the robustness of ascent and descent trajectories with
respect to dispersions in specific impulse, thrust, and vehicle mass, following established aerospace
practice [63]. These uncertainties are propagated using a Latin Hypercube Sampling (LHS) ap-
proach, which provides efficient coverage of the input space with reduced variance compared to
standard Monte Carlo methods [64, 65]. The uncertainty modelling framework and sampling strat-
egy are described in detail in App. I.

The resulting ensemble of ascent trajectories exhibits an asymmetric dispersion biased toward re-
duced altitude and downrange, a physically expected outcome of fixed open-loop guidance com-
bined with nonlinear dynamics.

Each ascent trajectory is subsequently propagated through the descent phase using the same nu-
merical re-entry and landing models as the nominal case. Landing accuracy is evaluated by com-
bining independent dispersion sources associated with entry-state uncertainty, atmospheric den-
sity variability, parachute system performance, and wind drift during subsonic descent using a
root-sum-square formulation. The complete mathematical development of the dispersion model
and the numerical sensitivities are provided in Appendix I. Entry-state sensitivity and wind drift
dominate the total dispersion, yielding a landing accuracy on the order of a few kilometers (6.29 km).

The majority of descent trajectories (approximately 62%) reach or exceed the target downrange
and can be corrected to the nominal landing site through controlled deceleration. The full set of
simulated trajectories and statistical results supporting this conclusion are presented in App. I.
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Chapter 11

Conclusions & Future Developments

The design goals reached as the output of this preliminary design process was a feasible concept
addressing all the presented requirements with a success rate of 62%. Yet, it has to be underlined
that this design holds on strong assumptions which shall be relaxed in next design iterations with
further vertical investigations.

First, this design cycle should be repeated with smoothed/interpolated aerodynamic coefficients,
as suggested in Ch. 8, and with a payload adapter accounted in the overall length and mass.

Second, a nominal optimal trajectory shall be defined using a 3-DOF model; to pursue this aim, a
more advanced aerodynamic modeling would be required, especially for elevators controls. These
analyses would lead to a more precise loads analysis and thereby to allow a more detailed structural
optimization, inserting this subject actively into the design loop.

Furthermore, control systems could be investigated on a wider scale, understanding also the cap-
sule flight, to finally verify if the cases that hold higher energy in the uncertainty spectrum, can be
successfully handled as assumed in this analysis.

Nevertheless, in this more complex investigation, release conditions shall be deepened, too. To do
so, data from the Stratolaunch constructor (i.e. Scaled Composites) may be provided.

Finally, involving a dedicated capsule manufacturer is essential, given the requirement for a tailor-
made design and the system’s significant impact on the overall launch vehicle (LV) architecture.
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Appendix A

Preliminary Analysis Details

In this appendix, details regarding the preliminary trade-off analysis are made explicit.

(a) Second-stage structural mass fraction ϵS2 = 0.08. (b) Second-stage structural mass fraction ϵS2 = 0.10.

Figure A.1: Analysis of different second-stage structural mass fractions.

(a) Second-stage structural mass fraction ϵS2 = 0.12. (b) Second-stage propellant mass as function of ϵS2.

Figure A.2: Further analysis of structural mass fraction and resulting propellant requirements.

From these graphs a rough estimation of expected ranges in propellant mass in the first and second
stage could be derived:

• First stage: Mprop,1 ∈ [60, 80] t

• Second stage: Mprop,2 ∈ [20, 30] t

Tab.A.1 summarizes the structural and mass properties of the Pegasus launch vehicle stages, as
extracted from the Pegasus User Guide and related sizing studies.
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cle [18]. Vertical axis: payload mass fractionφ.
(b) Propellant mass trend from [19]. Vertical axis:
fuel mass fraction f .

Figure A.3: Comparative analysis of structural performance and propellant trends.

ϵ =
Ms

Ms +Mp
=

f

f +1
= 1−φ (A.1)

f =
Ms

Mp
=

ϵ

1− ϵ
(A.2)

φ =
Mp

Ms +Mp
= 1− ϵ (A.3)

Stage ϵ φ Mprop [kg]
Stage 1 ≈ 0.084 ≈ 0.916 15 014
Stage 2 ≈ 0.096 ≈ 0.904 3 925
Stage 3 ≈ 0.140 ≈ 0.860 770

Table A.1: Structural and propellant mass data for
the Pegasus launch vehicle [17].

According to the analysis presented in [66], Pegasus’s first stage is positioned between an equivalent
high-performance configuration with γ≈ 0.94 and a low-performance configuration with γ≈ 0.89,
corresponding to structural indexes ϵ ≈ 0.06 and ϵ ≈ 0.11, respectively.

A comparative semi-empirical analysis presented in [67] provides correlations between structural
index (denoted as f in the reference) and propellant mass for launch vehicle stages covering a wide
range of propellant combinations and recovery architectures (expendable, VTVL, horizontal land-
ing).According to [20], the inert mass of the SpaceX Starship (methalox, VTVL) is expected to be
approximately 125 t with a propellant mass of about 1 500 t, yielding a structural index ϵ ≈ 0.0769.

In the semi-empirical chart, the corresponding structural parameter is f ≈ 0.083, while the asymp-
totic value for Starship, given the propellant mass, would be f ≈ 0.07, implying an underestimation
of approximately 10% when relying on the asymptotic trend. This margin would be taken into ac-
count with the factor of safety. Given the expected mass ranges, data in Tab A.2 was derived.

f ϵ

Stage 1 ≈ 0.075 ≈ 0.0698
Stage 2 ≈ 0.083 ≈ 0.0766

Table A.2: Structural Indexes mentioned in 3
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Appendix B

Payload Design Details

Reference Spacecraft Specific Volumes

The spacecraft specific volumes taken into consideration in this work are synthetized in Tab. B.1.

Table B.1: Reference Spacecraft Specific Volumes

Spacecraft Specific Volume Reference

Soyuz TMA 1.33 m3/pax [10]
ESAS ISS 6-crew Orion CEV 3.25 m3/pax [9]
Commercial aircraft (econ.) 1.40 m3/pax [68]

Sirius (selected) 1.65 m3/pax This work

Human-Rating Acceleration Requirements

The Sirius spacecraft design is governed by crew survivability criteria derived from NASA-STD-3001
and ESAS 2005 architecture [22–24, 26, 69–78]. Acceleration limits for dynamic flight phases are:

alimit(t ) =











≤ 5 g0 Nominal ascent (sustained)

≤ 8 g0 Abort operations (t ≤ 6 s)

≤ 12 g0 Emergency peak (t ≤ 0.5 s)

(B.1)

While historical systems like Apollo’s Launch Escape System exhibited peaks exceeding 15 g0, mod-
ern standards target significantly lower loads to accommodate deconditioned crew members [70].

LAS Motor Dimensions, Structural Integration & Aerodynamics

The abort motor sizing is derived from propellant volume requirements using standard solid pro-
pellants:

• Propellant: Hydroxyl-Terminated PolyButadiene (HTPB) [28]

• Density: ρprop = 1760 kg m−3 [28]

• Volumetric loading: 85% of motor internal volume [28]

• Casing overhead: Total motor volume = 1.2× propellant volume [28]

With a high aspect ratio for aerodynamic efficiency during ascent (AR = 4.0) [24], SRM radius is:

rmotor =
3

√

√ Vmotor

2π ·AR
=

3

√

√1.022×1.2/1.760

2π×4.0
≈ 0.298 m (B.2)
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This yields to a motor diameter dmotor ≈ 0.596 m and a motor length ℓmotor =AR×dmotor ≈ 2.382 m.

The supporting structures scale proportionally to capsule diameter (Dcap = 3.4 m):

• Adapter section: Hadapter = 0.450 m (structural interface);

• Jettison tower (truss): Htower = 1.3×Dcap = 4.420 m;

• Nose cone: Hnose = 0.35× ℓmotor = 0.834 m.

The complete "tower-equipped capsule" configuration represents a blunt body with drag coeffi-
cient CD ≈ 1.6 and a ballistic abort profile (L/D ≈ 0) [70]. The ballistic coefficient is therefore [24]:

β =
5.87

CD

�

ℓ

d

�2/3

=
5.87

1.6

�

1.90

3.40

�2/3

≈ 3.07 kPa (B.3)

The full payload sizing is sketched in Fig. 5.1 and Tab. B.2.

Table B.2: Sirius LAS Detailed Geometry

Component Dimension Value [m]

Capsule
Base diameter (Dcap) Requirement 3.400
Top diameter (Dtop) Geometry (ϑ = 30◦) 1.20
Height (Hcap) Volume optimization 1.903
Sidewall angle (ϑ) Orion heritage 30◦

Launch Abort System
Adapter height Structural interface 0.450
Tower truss height 1.30×Dcap 4.420
Abort motor length AR = 4.0 scaling 2.382
Abort motor diameter Volumetric sizing 0.596
Nose cone length 0.35× ℓmotor 0.834

Total LAS height 8.086
Total stack height 9.989

Abort Performance Analysis

Due to the unique dynamics of the air-launch platform, LAS performance was validated in two
limiting cases:

Scenario A: Pad Abort (H = 0 km, M = 0) – Aerodynamic drag is negligible and:

asens(t )≈ T (t )/m (t ) (B.4)

Simulation results (Fig. B.1) confirm a peak load of 7.51g, compliant with the 8g constraint. The
vehicle reaches a maximum velocity of 184.5 m s−1 and 1182.2 m altitude gain within 10 seconds,
providing adequate separation distance for safe parachute deployment.

Scenario B: Airborne Abort (H ≈ 11.4 km, M ≈ 0.50) – Upon ignition from carrier aircraft speed the
capsule enters a high-dynamic-pressure regime. Drag force rises quadratically, acting as damper:

anet(t ) =
T (t )− 1

2ρv 2SCD −mg sinγ

m (t )
(B.5)
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With CD ≈ 1.6, aerodynamic loading attenuates peak acceleration to approximately 6.53 g0. How-
ever, the initial horizontal momentum enables the vehicle to reach a higher terminal velocity of
379.3 m s−1, demonstrating effective energy conversion from horizontal to vertical motion.

Figure B.1: Sirius LAS performance comparison between pad and airborne abort.

Looking at Fig. B.1, it can be seen that regressive thrust profile (ψ= 0.20) with Isp = 249 s maintains
crew acceleration within human-rated limits. Also note that the air-launch scenario benefits from
initial kinetic energy, enabling higher final velocity despite lower thrust-to-drag ratio. Instead, in
pad abort scenario, the vehicle must overcome both gravitational drag and build velocity from zero.
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Kinematic Performance Summary

Looking at the final values from Tab. B.3 and Fig. B.1, Sirius LAS achieves modern human-rating
standards while maintaining heritage solid-propellant technology (TRL 8–9), ensuring high reli-
ability and operational simplicity. The kinematic analysis confirms adequate separation perfor-
mance in both worst-case (pad) and nominal (airborne) scenarios, with velocity profiles consistent
with thrust-to-weight ratio and drag characteristics:

• Pad abort: Peak velocity = 184.5 m s−1 (Mach 0.54), altitude gain = 1182.2 m @ t = 10 s

• Airborne abort: Peak velocity= 379.3 m s−1, benefiting from v0 = 172.2 m s−1 initial condition

• Ballistic coefficient: β = 3.07 kPa (favorable for controlled descent)

Table B.3: LAS Performance vs. Historical Systems [24]

System Max g-load (F /W )0 tburn [s] vmax [m/s]

Apollo LES ∼ 15 14 5 ∼ 185 (pad)
Orion LAS < 7 8 6 ∼ 195 (pad)
Sirius LAS 7.51 (pad) 7.5 6.0 379.3 (air)

VII



Appendix C

Material Properties Database

Aluminum-Lithium Alloy 2195

Aluminum-Lithium (Al-Li) Alloy 2195 is a third-generation, high-performance aerospace material
selected for the primary structure of the HyperLander launch vehicle. Its development, led by NASA
[79], was driven by the need for materials with a superior strength-to-weight ratio and excellent cryo-
genic properties for applications like the Space Shuttle’s Super Lightweight External Tank [80] and
the Space Launch System [81]. Compared to traditional tank alloys like 2219, 2195 offers a signifi-
cant reduction in density (approximately 5% lower) coupled with markedly higher strength, directly
enabling lighter and more capable launch vehicle structures. [79]

This appendix consolidates the mechanical, thermal, and processing data critical for the design,
analysis, and manufacture of the vehicle’s cryogenic tanks and primary airframe.

Mechanical Properties

The mechanical properties of Al-Li 2195 are highly dependent on its thermomechanical processing
(temper) and the service temperature. The alloy is typically used in the T8 temper (solution heat-
treated, cold worked, and artificially aged), which optimizes its strength. [79, 82]

Ambient Temperature Properties (at 298 K)

The following table summarizes the key mechanical properties for 2195-T8 at room temperature.

Table C.1: Mechanical properties of 2195-T8 at ambient temperature [82].

Property Value Unit

Density (ρ) 2.70 – 2.72 g/cm3

Young’s Modulus (E ) 69 – 75 GPa
Yield Strength (σ0.2) 500 – 560 MPa
Ultimate Tensile Strength (σu ) 560 – 590 MPa
Elongation at Break 6.0 – 9.3 %
Shear Strength ∼350 MPa
Shear Modulus ∼26 GPa
Poisson’s Ratio (ν) 0.33 –
Fracture Toughness (KIC)
(for base material in T-L orientation)

30 – 31 MPa
p

m

Cryogenic Temperature Properties (20 K – 77 K)

Al–Cu–Li alloy 2195-T8 demonstrates excellent mechanical performance at cryogenic tempera-
tures, critical for LOX (∼90 K) and LCH4 (∼90 K) tanks. Yield and ultimate tensile strength increase
with decreasing temperature, with a pronounced rate of strengthening below ∼133 K [83].
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Unlike many structural alloys, 2195-T8 retains appreciable ductility even as strength rises, though
fracture modes become less ductile at lower temperatures. The strengthening is attributed to sup-
pressed dislocation cross-slipping and higher dislocation density [83]. At 20 K, ultimate tensile
strength approaches 860 MPa [83].

Elevated Temperature Limits

The alloy retains useful mechanical properties at moderately elevated temperatures.

• Maximum Service Temperature: Approximately 210◦C for mechanical applications.

• Thermal Stability: Prolonged exposure to temperatures significantly above 150◦C can lead
to over-aging and degradation of mechanical properties.

Since the peak ascent temperatures are referring to the stagnation points, in a further development
of the project these will be covered using the same approach used on the Space Shuttle, implement-
ing long flight-proven Reinforced Carbon–Carbon tiles (RCC) [84, 85].

Fatigue and Fracture Toughness

Al–Cu–Li alloy 2195 exhibits significantly improved fatigue performance compared to legacy aerospace
aluminum alloys, due to refined precipitate distributions and enhanced microstructural stabil-
ity [86]. In T8 tempers, plane-strain fracture toughness depends strongly on thermomechanical
processing and aging, with excessive T1 (Al2CuLi) precipitation at sub-grain boundaries reducing
toughness [87].

For welded joints, solid-state processes like friction stir welding generally preserve fatigue and frac-
ture behavior close to the base material, unlike conventional fusion welding [86–88].

Weldability and Joint Efficiency

Fusion welding of Al–Li alloys, including 2195, is prone to hot cracking, porosity, and lithium loss,
making it unsuitable for high-performance aerospace structures. Solid-state Friction Stir Welding
(FSW) is therefore the industry-standard joining method [88, 89].

FSW joints in 2195 achieve high joint efficiency (85–95% of base material strength) and improved fa-
tigue performance relative to fusion welds. Dynamic recrystallization in the weld nugget produces
a fine, equiaxed grain structure that better preserves the alloy microstructure [90].

Fracture toughness (Kq ) of FSW joints is thickness-dependent; plane-strain KIC values require thick
specimens, so predictive approaches are used to estimate toughness from thinner plate tests [91].

Physical and Thermal Properties & Chemical Composition

Table C.2: Physical and thermal properties of 2195. [82]

Property Value Unit Notes

Coefficient of Thermal Expansion (α) 23 µm/m·K From ∼20◦C. Critical for thermal
stress analysis.

Thermal Conductivity (k ) 130 W/m·K At 25◦C.
Specific Heat Capacity (cp ) 900 J/kg·K At 25◦C.
Melting Range 550 – 660 ◦C Solidus to Liquidus.
Electrical Conductivity 20 – 34 % IACS Varies with temper.
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Table C.3: Nominal chemical composition of alloy 2195 (weight %). [82]

Al Cu Li Mg Ag Zr Fe (max) Si (max) Other

Bal. 3.7–4.3 0.8–1.2 0.25–0.8 0.25–0.6 0.08–0.16 0.15 0.12 Mn, Zn, Ti

• Li: Reduces density and increases modulus.

• Cu & Li: Primary strengthening via T1 (Al2CuLi) precipitation.

• Mg & Ag: Critical co-additions that promote uniform nucleation of T1 precipitates [81].

• Zr: Forms Al3Zr dispersoids to control grain structure and inhibit recrystallization.

Thermal Protection System

Based on the predicted aero-thermal environment and the resulting heat-load and temperature
constraints from Sec. F, a non-ablative Thermal Protection System based on FRCI-12 was selected
for the capsule forebody. This material provides an optimal trade-off between thermal performance
and mass at preliminary design level, offering low density, low thermal conductivity, and high al-
lowable surface temperature. The resulting configuration and associated mass breakdown are sum-
marized in Tab. C.4.

Table C.4: Final TPS Design Summary.

Parameter Symbol Value

TPS Material – FRCI-12
TPS Thickness tTPS 0.057 m
TPS Areal density σTPS 10.94 kg/m2

TPS Mass (forebody) mTPS 99.4 kg

Tab. C.5 summarizes the properties considered. While LI-900 offers the lowest thermal conductiv-
ity, its low mechanical strength makes it susceptible to handling damage and acoustic loads. Con-
versely, LI-2200 offers high strength but imposes a significant mass penalty.

Table C.5: TPS Material Trade-Off (Properties at ambient conditions) [92–95].

Property LI-900 FRCI-12 LI-2200
Density [kg/m3] ∼ 144 ∼ 192 ∼ 352
Composition 99.9% Silica 78% Silica, 22% Nextel 99.9% Silica
Thermal Cond. k [W/m·K] 0.046 0.056 0.060
Tensile Strength [MPa] 0.17 0.62 0.55
Max Use Temp. [◦C] 1260 1260 1260

Therefore FRCI-12 was selected as the baseline material because it provides an optimal compro-
mise:

• Mass Efficiency: It is approximately 45% lighter than LI-2200 while maintaining superior ten-
sile strength due to the aluminoborosilicate (Nextel) fiber reinforcement.

• Thermal Performance: Although its thermal conductivity is slightly higher than LI-900 (∼
10%), the mass penalty required to increase thickness (tTPS) to compensate is negligible com-
pared to the structural reinforcement required if LI-900 were used.
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Appendix D

Propulsion and Staging Design Details

Key Equations for Engine Scaling and Nozzle Design

The scaling factor λ for each engine variant is determined from the required thrust and reference
thrust:

λ=
Freq

Fref
(D.1)

where Freq is the thrust required to meet the target T /W ratio at stage ignition, and Fref is the refer-
ence thrust of the baseline Raptor 2 engine (Sea-Level or Vacuum).

For Stage 1, the required thrust is calculated as:

Freq,S1 =
�

T

W

�

S1
·m0,1 · g0 (D.2)

where m0,1 is the gross lift-off mass and g0 = 9.80665 m/s2. For Stage 2:

Freq,S2 =
�

T

W

�

S2
·m0,2 · g0 (D.3)

The throat area At is derived from the thrust equation:

At =
F

CF ·pc
(D.4)

where CF is the thrust coefficient, and pc is the chamber pressure (300 bar for both stages). The
thrust coefficient accounts for ideal expansion and ambient pressure effects:

CF =CF,ideal+
(pe −pa )

pc
· ϵ (D.5)

where:

• CF,ideal is the ideal thrust coefficient;

• pe is the static pressure at the nozzle exit;

• pa is the ambient pressure;

• ϵ = Ae /At is the expansion ratio.
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The ideal thrust coefficient is given by:

CF,ideal =

√

√

√ 2γ2

γ−1

�

2

γ+1

�

γ+1
γ−1

�

1−
�

pe

pc

�

γ−1
γ

�

(D.6)

where γ is the ratio of specific heats (from CEA output).

The exit Mach number Me is obtained by solving the area-Mach relation:

Ae

At
=

1

Me

�

2

γ+1

�

1+
γ−1

2
M 2

e

��

γ+1
2(γ−1)

(D.7)

The static exit pressure pe is then found from the isentropic relation:

pe

pc
=
�

1+
γ−1

2
M 2

e

�−γ/(γ−1)
(D.8)

Figure D.1: From left to right, final Raptor 2 Lite Air and Vacuum nozzles.

NASA CEA Results for Ideal Performance

The NASA Chemical Equilibrium with Applications (CEA) code was used to compute the theoret-
ical (ideal) performance of the LOX/LCH4 full-flow staged-combustion cycle under the chamber
pressure and mixture ratios adopted for the HyperLander engines. The CEA runs assume equilib-
rium expansion and do not account for real-gas losses, boundary-layer effects, or nozzle-wall fric-
tion. Consequently, the predicted specific-impulse values represent an upper bound for the given
chamber conditions and expansion ratios. [96]

Two runs were performed, corresponding to the Stage 1 (air-launch optimized) and Stage 2 (vacuum
optimized) nozzles. The input parameters and key outputs are summarized in Table D.1.

The CEA-derived ideal vacuum Isp values are approximately 5.5 % (Stage 1) and 4.5 % (Stage 2)
higher than the values adopted in the scaling and sizing calculations (Table 4.1), reflecting:

• Real-gas and finite-rate chemistry losses not captured by the equilibrium assumption;

• Nozzle-wall friction and boundary-layer displacement that reduce effective expansion;

• Cooling-flow deductions typical of full-flow staged-combustion engines;

• Conservative design margins required for human-rated missions.
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Table D.1: NASA CEA ideal-performance results for HyperLander engines

Parameter Stage 1 (R2L “Air”) Stage 2 (R2L “Vacuum”) Unit

Input
Chamber pressure, pc 300 [33] 300 [33] bar
Mixture ratio, O/F 3.6 [33] 3.4 [33] –
Expansion ratio, ϵ = Ae /At 32 [33] 100 [33] –
Ambient pressure (exit) 0.22778 @ 11.4 km 0 @ > Kármán line bar

Output
Chamber temperature, Tc 3762.4 3741.6 K
Throat temperature, Tt 3570.7 3543.9 K
Exit temperature, Te 2055.8 1461.2 K
Exit pressure, pe 1.0392 0.22778 bar
Characteristic velocity, c ∗ 1850.9 1866.8 m s−1

Thrust coefficient, CF (vacuum) 1.8310 1.9515 –
Ideal vacuum Isp 3594.3 3784.7 m s−1

(366.4 s) (385.9 s)

The adopted values (Isp,1 = 343.17 s, Isp,2 = 368.50 s) from [33] therefore include a realistic perfor-
mance discount that aligns with heritage data for Raptor-class engines and ensures robust mission
margins even in off-nominal conditions.

Key Equations for Stage Mass and Geometry Sizing

Inverse Tsiolkovsky for Stage Mass – The total wet mass of a stage (propellant+ structure) required
to deliver a given∆V with a specified structural ratio ϵ is:

Mstage =Mpay ·
MR−1

1− ϵMR
, ϵ =

mdry

mprop+mdry
, MR= exp

�

∆V

Isp · g0

�

(D.9)

where Mpay is the payload mass for that stage, MR is the mass ratio, and ϵ is the structural ratio.

Propellant Mass Fractions – Given the mixture ratio MR= ṁox/ṁfuel, the mass fractions are:

foxidizer =
MR

MR+1
, ffuel =

1

MR+1
(D.10)

Tank Volume Calculation – Net propellant volumes (without ullage):

Vox,net =
mprop · fox

ρox
, Vfuel,net =

mprop · ffuel

ρfuel
(D.11)

where ρLOX = 1149 kg/m3 and ρLCH4
= 421.1 kg/m3. Tank volumes include a 5% ullage factor [14]:

Vtank =Vnet×1.05 (D.12)
Tank Geometry – For isotensoid domes with elliptical ratio

p
2 : 1, providing optimal stress distri-

bution for pressurized cylindrical vessels, [14] the dome height is:

Hdome =
Rinnerp

2
= 1.20 m (D.13)

considering the internal radius Rinner = 1.695 m (coming from the structural stress analysis) given
by Rinner =Router− twall is the internal radius. The volume of one dome is:

Vdome =
2

3
πR 2

innerHdome =
2

3
πR 3

inner

1
p

2
(D.14)

The cylindrical and the total tank length required to accommodate the remaining volume is:

Lcyl =
Vtank−2Vdome

πR 2
inner

, Ltank = Lcyl+2Hdome (including both domes) (D.15)
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Appendix E

Workflow for Structural Stress Analysis

Load Analysis

(a) Axial Action (b) Shear Action (c) Moment Action

Figure E.1: Internal Actions diagrams - Max Q

(a) Axial Action (b) Shear Action (c) Moment Action

Figure E.2: Internal Actions diagrams - Max Qα

(a) Axial Action (b) Shear Action (c) Moment Action

Figure E.3: Internal Actions diagrams - Maximum Angular Acceleration
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(a) Axial Action (b) Shear Action (c) Moment Action

Figure E.4: Internal Actions diagrams - Maximum Axial Acceleration

(a) Axial Action (b) Shear Action (c) Moment Action

Figure E.5: Internal Actions diagrams - Loaded support

Reference Load Cases for Structural Stress Analysis

The detailed data of the key load cases extracted from the flight profile loads analysis, used to drive
the structural sizing, are summarized in Tab. E.1.

Table E.1: Brief Summary of Maximum Absolute Values from Internal Actions along x

Condition Axial force Shear force Bending moment

Max Q (T+30.09 s) 2.35 MN 580.16 kN 2.51 MN m
Maximum dynamic pressure condition

Max Qα (T+19.99 s) 2.35 MN 937.38 kN 3.77 MN m
Peak aerodynamic angle-of-attack loading

Max Qα + 76 m/s Wind Gust (T+19.99 s) 2.35 MN 1.40 MN 5.63 MN m
Structural Design Driver

Max ϑ Acceleration (T+22.40 s) 2.35 MN 848.35 kN 3.47 MN m
Critical dynamic control condition

Carrier Aircraft Loading – Another condition was considered, which was the captive carry phase
with 1.5g normal load factor, This condition aims at understanding internal shear and bending
loads due to transportation including a conservative 1.5g load factor. From literature [97] the length
of the payload pylon was estimated being 19 m, and set 5 m from base on the LV. The pylon was
then modeled with a uniformly distributed vertical force and moment, the latter necessary since
the center of mass of the LV would not be aligned with the point where the shear resultant was
applied (i.e., middle of the pylon).

The structural integrity of the HyperLander is verified against an absolute maximum envelope. Thereby,
the shell thickness is tested on the Max Qα+Wind case, shown in bold on Tab. E.1, plus the design
operating tanks pressure (320 kPa [35]).
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Figure E.6: HyperLander LV Beam model of the Loaded State (except the carrier loaded support).
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Inertia Modeling

The LV is divided in four inertial segments: fisrt stage, second stage, capsule and LAS. Each segment
is assigned a fixed longitudinal centroid xG ,i , position is measured from the base of the LV. For
the stages center of gravity is set as the middle point, assuming a uniform mass distribution. As
mentioned in 6 the inter-stage mass was modeled as part of the first stage’s. Base lengths bi are
counted starting from the first stage’s lower base. For the trapezoidal capsule, the centroid location
is

xG ,cap = x0−c a p +
lcap

3

b3+2b4

b3+ b4
, (E.1)

while for the triangular LAS:

xG ,LAS = x0−L AS +
lLAS

3
. (E.2)

Global Center of Gravity

The instantaneous global center of gravity is computed as

XCG =

∑

i Mi xG ,i
∑

i Mi
. (E.3)

Moments of Inertia About Segment CG

Stages are modeled as uniform plates, therefore:

Iz ,i =
Mi

12

�

l 2
i + b 2

i

�

. (E.4)

For the capsule (isosceles trapezoid), the polar geometric inertia is

I cap
z ,G = Ix ,G + Iy ,G , (E.5)

with

Ix ,G =
lcap

48
(b3+ b4)(b

2
3 + b 2

4 ), (E.6)

Iy ,G =
l 3

cap

36

b 2
3 +4b3b4+ b 2

4

b3+ b4
. (E.7)

The corresponding mass inertia is obtained via area scaling supposing uniform mass distribution:

Icap =Mcap

I cap
z ,G

Acap
. (E.8)

The Launch Escape System (LAS) is modeled as a uniform isosceles triangular plate, with base b4

and height lLAS oriented along the longitudinal x axis.

The geometric area of the triangle is

ALAS =
1

2
b4lLAS. (E.9)

The centroidal second moments of area are

I LAS
x ,G =

b4 l 3
LAS

36
, (E.10)

I LAS
y ,G =

b 3
4 lLAS

48
. (E.11)

XVII



The polar moment of area about the centroid is therefore

I LAS
z ,G = I LAS

x ,G + I LAS
y ,G . (E.12)

Assuming uniform mass distribution, the mass moment of inertia about the centroid is obtained
by area scaling:

ILAS =MLAS

I LAS
z ,G

ALAS
. (E.13)

Parallel Axis Theorem

The total moment of inertia about the global center of gravity is finally obtained using the Huygens-
Steiner theorem:

ICG =
∑

i

�

Ii +Mi (xG ,i −XCG)
2
�

. (E.14)

This formulation allows the instantaneous evaluation of the vehicle inertia properties, consistently
accounting for staging events, mass depletion, and shifting reference frames.

Mass Derivation

To perform the stress analysis on the cylindrical shell that combines tank and outer shell thick-
nesses Ch. 6, available inert mass from the structural indexes defined in Ch. 3 and overall mass
layout discussed in Ch. 6 had to be derived. The procedure is documented in Tab. E.2, and it was
motivated by the simplicity required by design goals and in agreement with literature [35]. It is im-
portant to underline that at this level of design, thickness related to propellant tanks are assumed
to be equal for both LCH4 and LOX, as literature suggests similar thermal insulation MERs [14], and
length is taken into account for the different volumes required. Moreover they are considered to be
pressurized at the same pressure mentioned above (320 kPa). Wings and fins masses are derived
from the Pegasus’s[17] and by employing scaling factor as presented in 8.

Table E.2: Structural Mass Breakdown of the LV Stages.

Stage Component Mass (kg) Percentage (%)

Stage 1

Overall Mass 10841 100.0
Raptor 2 Lite Air Engines (2×) + Thrust Structure 2176 20.1
Wings + 3 × 1759 16.2
Avionics & power 350 3.2

Propellant Tanks +Outer shell (Integrated with Interstage) 6556 60.5

Stage 2

Overall Mass 2521 100.0
Raptor 2 Lite Vacuum engine 428 17.0
Payload Adapter (to be estimated in further development) 0 0.0
Avionics (embedded in Sirius capsule) 0 0.0

Propellant tanks +Outer Shell 2093 83.0

Key Equations for Structural Verification

Equivalent Uniform Thickness – The shell thickness t derived from the structural mass is:
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t =
Mshell

ρmat ·Atotal ·ksmear
(E.15)

where:

• ρmat = 2700 kg/m3 (Al–Li 2195), C

• Atotal = 2πR Lstruct is the total cylindrical surface area, [35]

• ksmear = 1.15 accounts for welds, flanges, and reinforcements. [35]

Stress Components – Axial stress due to thrust and bending:

σaxial =
P

A
, σbend =

M

Z
(E.16)

where:

• P is the axial compressive force;

• M is the bending moment;

• A = 2πR t is the cross-sectional area;

• Z =πR 2t is the section modulus.

Hoop stress from internal pressure: [14]

σpress =
p R

2t
(E.17)

Critical Buckling Stress (Cylindrical Shell) – For axial compression, This is [98]:

σcr = γ ·E ·
t /R
p

3(1−ν2)
(E.18)

where:

• E = 69 GPa is Young’s modulus;

• ν= 0.33 is Poisson’s ratio;

• γ= 0.40 is the empirical knockdown factor for axial compression.

Shear Buckling Stress – For a ring-stiffened cylinder, the critical shear stress is:

τcr = γshear ·Ks ·
π2E

12(1−ν2)

�

t

L

�2

, Ks = 0.85

�

L 2

R t

p

1−ν2

�0.75

(E.19)

where L is the ring spacing, γshear = 0.75 [98] and Ks is the shear-buckling coefficient.

Safety Factors – Safety factors are computed as:

SFbuckling =
σcr

σcomp
, SFyield =

Ft y /SFreq

σtens
, SFshear =

τcr

τ
(E.20)

where:

• Fty = 560 MPa is the yield strength of Al–Li 2195; [82]
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• SFreq = 1.4 is the required human-rated safety factor; [22]

• σcomp andσtens are the maximum compressive and tensile stresses;

• τ is the applied shear stress.

Structural Verification Insights

Geometric Properties

Stage 1 (primary verification):

• Radius: R = 1.70 m;

• Thickness: t = 12.35 mm;

• Cross-sectional area: A = 2πR t = 0.1319 m2;

• Section modulus: Z =πR 2t = 0.1121 m3.

Stress Components

Applied loads:

• Axial force: P = 2.35 MN (compression);

• Bending moment: M = 5.63 MN m;

• Internal pressure: p = 320 kPa [35].

Stress components:

σaxial =
P

A
= 17.82 MPa (E.21)

σbend =
M

Z
= 50.20 MPa (E.22)

σpress =
p R

2t
= 22.02 MPa (E.23)

Compression Side Verification (-R)

• Applied compressive stress:

σcomp =σaxial+σbend−σpress = 46.00 MPa (E.24)

• Critical buckling stress (NASA SP-8007 [98], with empirical knockdown factor for cylindrical
shells γ= 0.40):

σcr = γ ·E ·
t /R
p

3(1−ν2)
= 122.6 MPa (E.25)

• Safety factor:

SFbuckling =
σcr

σcomp
= 2.67 (> 1.4 required) (E.26)
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Tension Side Verification (+R)

• Applied tensile stress:

σtens =−σaxial+σbend+σpress = 54.40 MPa (E.27)

• Allowable yield stress:

σyield,allow =
Ft y

SFyield
=

560 MPa

1.4
= 400.0 MPa (E.28)

• Safety factor:

SFyield =
σyield,allow

σtens
= 7.35 (> 1.0 required) (E.29)

Shear Buckling Verification

• Ring-stiffened cylinder analysis (NACA TN-3783 [99]):

• Applied shear stress:

τ=
V

πR t
=

1.40 MN

π×1.70 m×0.01235 m
= 21.22 MPa (E.30)

• Critical shear stress (with ring spacing L = 0.85 m):

Z =
L 2

R t

p

1−ν2 = 32.0 (E.31)

Ks = 0.85Z 0.75 = 11.56 (shear buckling coefficient) (E.32)

τcr = γshear ·Ks ·
π2E

12(1−ν2)

�

t

L

�2

= 128.47 MPa (E.33)

• Safety factor:

SFshear =
τcr

τ
= 6.05 (> 1.4 required) (E.34)
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Appendix F

Detailed Modelling of Re-Entry Phase

Detailed Modelling of the Capsule Descent

This appendix provides a comprehensive description of the physical models, governing equations,
numerical approaches, and design choices used to simulate the atmospheric descent of the cap-
sule. In addition to the mathematical formulation, particular emphasis is placed on the technical
justification of the selected parachute system and Thermal Protection System (TPS), including ma-
terial selection, sizing criteria, and resulting mass breakdowns.

Reference Frames and Modelling Assumptions

To capture the dominant physical phenomena the following assumptions are adopted throughout
the descent analysis:

• The motion is two-dimensional.

• The Earth is modeled as a perfect sphere.

• The capsule is treated as a point mass.

• Atmospheric properties depends on altitude and are obtained from a standard atmosphere
model.

• Gravity varies with altitude according to a Newtonian law.

• Wind effects are neglected.

• A simplified control law maintains zero angle of attack during descent.

• The descent is divided into distinct phases using altitude-based event detection.

• Earth rotation effects are included through a ground-relative range correction.

• Parachute deployment and inflation are treated as discrete phase transitions.

These assumptions are standard for preliminary entry analyses and are consistent with validated
entry simulation frameworks [100].

Equations of Motion

The capsule trajectory is described using spherical coordinates with respect to the Earth’s centre.
The state vector is defined as:

z= [θ , h , V , γ]T

where:

• θ is the inertial longitude angle,

• h is the altitude above the Earth’s surface,

• V is the velocity magnitude,
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• γ is the flight-path angle measured from the local horizontal.

The radial distance is r =RE +h , where RE is the Earth radius.

The kinematic relations are:

θ̇ =
V cosγ

r
(F.1)

ḣ =V sinγ (F.2)

The dynamic equations are given by:

V̇ =−
D

m
− g (h )sinγ (F.3)

γ̇=
L

mV
+
�

V

r
−

g (h )
V

�

cosγ (F.4)

where D and L are the aerodynamic drag and lift forces, and g (h ) is the altitude-dependent gravi-
tational acceleration:

g (h ) =
µ

(RE +h )2
(F.5)

This formulation follows the classical entry dynamics equations presented in [100].

Atmospheric Model

Atmospheric properties (densityρ, temperature T , pressure p ) are obtained from a standard Earth
atmosphere model as functions of altitude. This approach is adequate for preliminary design,
where the primary objective is to capture first-order effects of density variation on aerodynamic
forces and heating.

The use of a tabulated standard atmosphere avoids the need for solving full thermochemical nonequi-
librium flow while remaining consistent with the assumptions of engineering-level aerothermal
correlations [101].

Aerodynamic Model

Aerodynamic Forces

The aerodynamic drag and lift forces are computed as:

D =
1

2
ρV 2CD Sref (F.6)

L =
1

2
ρV 2CL Sref (F.7)

where CD and CL are the drag and lift coefficients, respectively, and Sref is the reference area.

For blunt-body capsules, lift is typically small compared to drag. Nevertheless, the general formu-
lation is retained for completeness and numerical robustness.

Ballistic Coefficient Formulation

To improve numerical stability, aerodynamic deceleration is expressed in terms of the ballistic co-
efficient:

β =
m

CD Sref
(F.8)
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leading to:
D

m
=

1

2

ρV 2

β
(F.9)

This formulation highlights the dominant role of mass-to-area ratio in entry dynamics and is widely
used in preliminary capsule design studies [102].

Aerothermal Modelling

Stagnation-Point Heating

Thermal loads during atmospheric re-entry are estimated using engineering-level correlations suit-
able for preliminary design. The resulting convective heat-flux time history is then used as the
boundary condition for a one-dimensional transient Thermal Protection System (TPS) model. This
provides a direct coupling between trajectory, aerothermal environment, and structural tempera-
ture constraints, enabling preliminary sizing of the heat shield while minimizing added mass.

The convective heat flux at the stagnation point is computed using an engineering implementation
of the Fay–Riddell laminar boundary-layer theory for blunt bodies in hypersonic flow [40]. In the
present model, the stagnation-point heat flux is expressed as:

q̇conv = 0.57 Pr−0.6pρeµe

√

√

�

dUe

d x

�

0
cp (Ta d −Tw ) (F.10)

where:

• ρe and µe are density and viscosity at the boundary-layer edge,

• Pr is the Prandtl number,

• cp is the specific heat at constant pressure,

• Ta d is the adiabatic wall temperature,

• Tw is the wall temperature.

This formulation is derived from the original theory developed by Fay and Riddell [40] and remains
a reference standard for stagnation-point heating estimation.

Velocity Gradient at the Stagnation Point

The stagnation-line velocity gradient is approximated as:

�

dUe

d x

�

0
≈

Uscale

Rn
(F.11)

with

Uscale =

√

√2(p0−p∞)
ρe

(F.12)

where Rn is the nose radius. This formulation provides a physically consistent scaling of the stag-
nation flow field and avoids dimensional inconsistencies present in simpler approximations.
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Wall Temperature and Radiative Equilibrium

A first-order estimate of the wall temperature is obtained by assuming radiative equilibrium be-
tween convective heating and surface radiation:

q̇conv = ϵσT 4
w (F.13)

which yields:

Tw =
�

q̇conv

ϵσ

�1/4

(F.14)

where ϵ is the surface emissivity andσ is the Stefan–Boltzmann constant.

Compared to purely velocity-based correlations, the Fay–Riddell model provides a more physically
representative description of stagnation-point heating by explicitly incorporating thermodynamic
and transport properties of the high-temperature gas.

Total Heat Load

The total heat load is computed by time integration:

Q =

∫ t f

0

q̇conv(t )d t (F.15)

which provides a key metric for TPS material selection and thickness sizing.

Parachute Analysis

Parachute System Architecture and Redundancy

The recovery system is modelled as a two-stage parachute architecture consisting of a drogue parachute
followed by a main parachute. For crewed-mission robustness, redundancy is explicitly included
at system level:

• One nominal drogue parachute plus one backup drogue.

• One nominal main parachute plus one backup main parachute.

Only one drogue and one main parachute are required for nominal operation; the redundant units
provide fault tolerance at system level and are included in the mass budget.

Parachute Sizing

The main parachute is preliminarily sized to meet a required terminal descent velocity Vterm at sea
level. Assuming equilibrium between weight and drag under terminal conditions [103, 104]:

mg =
1

2
ρS L V 2

term CD 0 S0 (F.16)

the required reference area is obtained as:

S0 =
mg

1
2ρS L V 2

term CD 0

(F.17)

An equivalent canopy diameter is then computed assuming a circular parachute geometry. The
drogue parachute area is defined as a fixed fraction of the main canopy area, consistent with com-
mon recovery-system design practice.
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Inflation Model and Reefing

Parachute inflation is modelled through a gradual increase of the effective drag area according to:

CD S (t ) =CD 0S0

�

t

t f

�b

(F.18)

where t f is the canopy filling time and b is an inflation exponent dependent on parachute type. To
limit opening loads and peak decelerations, both drogue and main parachutes incorporate reefing.
Reefing is modelled as a two-stage process consisting of:

• an initial reefed configuration with reduced effective area, and

• a full-inflation stage following reefing-line release after a prescribed delay.

This approach enables controlled deployment over a wide range of dynamic pressures and is con-
sistent with crewed recovery system design standards.

The estimated parachute system mass, including redundancy, is summarised in Table F.1.

Table F.1: Parachute mass estimate (circular slotted), including redundancy.

Component Mass per chute [kg] Count (incl. redundancy)

Main parachute 153.5 2
Drogue parachute 1.5 2

Total parachute system mass 310.2 kg

Final Landing Phase and Use of Retro-Rockets.

For terrestrial landings, an additional final deceleration stage is commonly implemented using
solid-propellant retro-rockets to further reduce the vertical descent velocity immediately prior to
ground contact. This approach has been successfully employed in crewed capsule recovery sys-
tems, most notably in the Soyuz descent module, where a set of small, downward-facing solid mo-
tors is mounted on the capsule base [105, 106].

In such systems, the retro-rockets are ignited a few meters above the ground following the activation
of mechanical landing probes, providing a short-duration impulse that reduces the vertical descent
velocity from approximately 8 m/s under the main parachute to about 2 m/s at touchdown [42].
This final braking stage significantly limits impact loads transmitted to the capsule structure and
crew.

Due to their extremely short burn time and activation at very low altitude, the contribution of the
retro-rockets to the overall descent trajectory, aerodynamic loads, and thermal environment is neg-
ligible. Consequently, their effect is not explicitly included in the trajectory integration, and their
function is treated as a localized landing-load mitigation system rather than as an active phase of
the descent dynamics.

Thermal Protection System Modelling

TPS Physical Model

The TPS is modelled as a one-dimensional multilayer thermal system normal to the capsule fore-
body surface, consisting of:

• an external non-ablative TPS layer
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• an internal structural layer representing the pressure vessel or load-bearing support struc-
ture.

Heat transfer is governed by transient one-dimensional conduction. Lateral heat transfer is ne-
glected, which is acceptable for a preliminary stagnation-point analysis. Material properties are
assumed constant and isotropic.

TPS Thickness Selection

The TPS thickness is selected to satisfy two primary thermal constraints:

1. maximum allowable surface temperature,

2. maximum allowable back-face temperature of the structural shell.

TPS Mass Estimation

The TPS mass is estimated assuming uniform thickness over the capsule heat-shield area:

mTPS =ρTPSSshieldLTPS. (F.19)

TPS Governing Equation

The TPS is modelled using a one-dimensional transient heat conduction equation:

ρcp
∂ T

∂ t
=
∂

∂ x

�

k
∂ T

∂ x

�

where k is the thermal conductivity, ρ the density, and cp the specific heat of the TPS material.

TPS Selection

Based on the predicted aerothermal environment and the resulting heat-load and temperature con-
straints, a non-ablative Thermal Protection System based on FRCI-12 was selected for the capsule
forebody. This material provides an optimal trade-off between thermal performance and mass at
preliminary design level, offering low density, low thermal conductivity, and high allowable surface
temperature. The TPS thickness was sized to ensure that both the maximum surface temperature
and the back-face temperature of the underlying aluminium structure remain below their respec-
tive allowable limits throughout the descent.

Boundary Conditions

At the hot face:

−k
∂ T

∂ x

�

�

�

�

x=0

= q̇conv− ϵσT 4

At the back face:

−k
∂ T

∂ x

�

�

�

�

x=L

= hint(Tback−Tcabin)

This formulation allows direct coupling between trajectory heating and internal structural con-
straints.
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Justification of the 1D Model

A one-dimensional TPS model is adequate at preliminary design level because the dominant heat
transfer occurs in the direction normal to the surface. Multidimensional effects are negligible for
axisymmetric capsules with relatively uniform heating near the stagnation region [107].

Numerical Implementation

The complete descent problem is solved using a time-marching numerical integration scheme.
Event detection is used to trigger parachute deployment, reefing line cutting, and phase transitions.
This modular approach allows efficient trade studies and sensitivity analyses.

Normal Load Factor During Descent

The normal load factor is defined as the longitudinal deceleration experienced by the capsule, nor-
malized by the standard gravitational acceleration:

n (t ) =−
1

g0

d V

d t
, (F.20)

where V is the capsule velocity along the trajectory and g0 is the standard gravitational acceleration
at sea level. The negative sign reflects the decelerative nature of the aerodynamic and parachute-
induced forces acting on the capsule during descent.

Figure F.1: Normal load factor (g-load) versus time.

The resulting time history of the normal load factor is shown in Figure F.1. The g-load profile reflects
the combined contribution of aerodynamic deceleration during the high–dynamic-pressure phase
of atmospheric re-entry and the transient loads associated with parachute deployment and infla-
tion. The peak load occurs during the atmospheric braking phase, when high velocity coincides
with rapidly increasing atmospheric density. Lower-amplitude, short-duration load transients are
observed during parachute inflation, whose magnitude is effectively mitigated through reefed and
staged deployment. Overall, the predicted g-load levels remain within acceptable limits for crewed
return profiles, confirming that the adopted entry trajectory and parachute sequence provide ade-
quate mitigation of mechanical loads during descent.
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Appendix G

Aerodynamics Further Insights

Aerodynamic Elements

Saddle

The saddle is a structure which has the main purpose of sustaining the wing from the structural
point of view and to transmit the forces generated to the launcher body, while trying to minimize
its own drag contribute. The study of aerodynamics, forces and stresses on this structure was not
considered in this analysis since it goes above our capacities and our scope.

Wing-body Fillet

The wing-body fillet is an active aerodynamic element whose function is to minimize interference
drag and ensure attached shock waves at hypersonic regimes, while preserving the stability induced
by the vortexes at high angles of attack [50, 53]. In order to replicate this behavior a these parameter
have been chosen for our configuration:

Table G.1: Geometric optimization of the wing-body fillet.

Geometric Parameter Value Optimization Process

Sweep Angle (Λfillet) 75◦ High sweep angle chosen to generate vortex lift and to stabilize the flux at
high angles of attack [108].

Ramp Angle (θ ) 7.13◦ Optimized for the hypersonic regime. The value is well below the limit
for shock wave detachment (θmax ≈ 12◦–15◦) [50], granting attached shock
waves and reducing wave drag and thermal impact on the wing leading
edge.

Total Length (L) 2.00 m Available space on the interstage surface.

Missile DATCOM Software

The software utilizes the Component Buildup Method, where the aerodynamic forces on the nose,
body, and lifting surfaces are calculated separately and then superimposed, accounting for inter-
ference effects. For the supersonic regime, DATCOM employs the Second-Order Shock Expansion
Method (SOSE) for the fuselage and theoretical-experimental databases for the lifting surfaces[47–49].

Modified Newtonian Theory

Aerodynamic performance coefficient have been estimated through a panel method analysis that
takes as an input surface triangulation (STL) of the launcher and utilizes the Modified Newtonian
Theory in order to compute the Pressure Coefficient that acts on each panel:

Cp =Cpmax
sin2(θ ) (G.1)
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A critical parameter in this formulation is the stagnation pressure coefficient Cp ,max, in this analysis
it has been estimated using the Rayleigh-Pitot formula assuming a calorically perfect gas model.

Cp,max =
2

γg a s M 2
∞





�

(γg a s +1)2M 2
∞

4γg a s M 2
∞−2(γg a s −1)

�

γg a s
γg a s −1
�

1−γg a s +2γg a s M 2
∞

γg a s +1

�

−1



 (G.2)

Although the flight trajectory covers the hypersonic regime (from Mach 5 to Mach 10) where high
temperature effects modify the gas behaviour, and so the calorically perfect gas assumption (γg a s =
1.4), this formulation still provides an efficient approximation for our preliminary conceptual de-
sign.

Body Correction

The semi-empirical method proposed by Allen and Perkins [51] and refined by Jorgensen [52] states
that the normal force acting on a slender body (CN ) is the superimposition of two components: a
term derived from potential flow theory and a term resulting from viscous separation:

CN =
Sb

Sref
sin(2α)cos
�α

2

�

︸ ︷︷ ︸

Potential Term

+ ηCd ,c
Splan

Sref
sin2(α)

︸ ︷︷ ︸

Viscous Cross-Flow Term

(G.3)

The first component depends on the variation of the cross-sectional area (∂ S/∂ x ), it dominates
force generation on the nose and on the boat-tail sections but it’s almost null for the cylindrical
body where where the cross-section remains constant(∂ S/∂ x = 0). Moreover the contribution of
the nose is already considered by the Modified Newtonian Theory solver used in the analysis. In
order to avoid double-counting of forces on the nose, only the viscous term has been considered
for the cylindrical body. This term takes into account the effects of boundary layer separation on
the leeward side of the body, where it forms vortexes that generates a normal force proportional to
the square of the angle of attack. The final correction is:

CNbody
=η ·Cd ,c ·

Splan

Sref
· sin2(α) (G.4)

where η ≈ 0.65 is the cross-flow efficiency factor for finite cylinders, and Cd ,c ≈ 1.2 represents the
cross-flow drag coefficient. This correction has been applied due to the low accuracy of the Mod-
ified Newtonian Theory in capturing the force generated by the long cylindrical fuselage at low
angles of attack.

Wing Correction

The Modified Newtonian Theory fails to capture the whole contribute to the total force given by the
wing surface, in particular at low angle of attack. This is due to the fact that it ignores the pressure
difference between the suction side (expansion waves) and the pressure side (shock wave) which
is the main contribute to the force generated by these aerodynamic surfaces [50]. Nielsen [53] il-
lustrates how, for thin wings in supersonic and hypersonic regimes, the force generated by these
surfaces follows a linear trend:

CLα =
4

p
M 2−1

(G.5)
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Although the linear theory term, that was superimposed to the Modified Newtonian Fluid con-
tribute, loses accuracy at high mach numbers, it remains sufficient for the scope of this conceptual
phase design, providing robust and plausible approximate results.

Drag Corrections

Since the Panel Method based on the Modified Newtonian Theory only estimates the main contri-
bution to the drag (CD ,w a v e ), two terms has been superimposed to the results in order to estimate
the total Drag Coefficient:

CD ,t o t a l =CD ,w a v e +CD , f r i c t i o n +CD ,b a s e (G.6)

Friction Drag

Since the Modified Newtonian Theory solver is purely inviscid, a semi-empirical correction has
to be applied in order to take into account the skin friction drag. It is a dominant component at
lower altitudes but it’s still not negligible until the launcher crosses the Kármán Line (100 km). This
contribute is due to to the shear forces developed in the boundary layer attached to the vehicle
surface. The contribution to the total Drag Coefficient is computed by scaling the average skin
friction coefficient (C f ) by the launcher’s wetted surface area (Swet):

CD, friction =C f ·
Swet

Sref
(G.7)

To determine the compressible skin friction coefficient C f , the Van Driest II[54] method was uti-
lized, the Kármán-Schoenherr relation is solved taking into account the Reynolds number based
on the launcher length (R eL ) and the Van Driest transformation factors (Fc and FRe):

0.242
Æ

C f · Fc

= log10

�

R eL ·C f · FRe

�

(G.8)

Base Drag

The panel method typically assumes free-stream or no pressure on the shadowed panels, failing to
capture the full suction effect in this region, characterized by low pressure and recirculating flows.
In order to take into account also this effect a semi-empirical correlation based on the Hoerner drag
analysis[55] has been applied. For supersonic and hypersonic missiles, the base drag coefficient
decreases as the Mach number increases:

CD, base ≈
1

M 2
(G.9)

This relationship approximately models the rapid decrease in base pressure influence at high Mach
numbers.

Results Analysis and Graphs

The evolution of the Lift Coefficient as a function of Mach number for different angles of attack
is illustrated in Fig. G.3. The reference surface used to compute the coefficient is the main body
section (conventional missile standard). The results shows physically consistent behaviors:

• Compressibility Effects: In the subsonic range, CL increases due to compressibility (Prandtl-
Glauert effect)[109].
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Figure G.1: Interpolated Cl vs. Mach Figure G.2: Interpolated Cd vs. Mach

Figure G.3: Interpolated Aerodynamic Coefficients

Figure G.4: Cl vs. Mach Figure G.5: Cd vs. Mach

Figure G.6: Non Interpolated Aerodynamic Coefficients.
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• Supersonic/Hypersonic Decay: Beyond Mach 1.2, the lift efficiency progressively decreases.
The analysis successfully captures the asymptotic decay at high Mach numbers, accordingly
to the Independence Mach Principle [50].

Second Stage Graphs

Figure G.7: Second Stage Cl vs. Mach Figure G.8: Second Stage Cd vs. Mach

Capsule Aerodynamics Details

A multi-regime approach has been adopted to estimate the values of the Drag Coefficient during
the capsule descent trajectory because no single numerical method is accurate enough to com-
pute the aerodynamic coefficient values in such a wide range of different airflow physics condi-
tions. The trajectory has been divided into four regimes considering the local Knudesn number
(K n) and Mach number (M ). Since the analysis assumes a constant angle of attack of α= 180◦ and
the capsule presents an axisymmetric geometry, the Lift Coefficient has been approximated to zero
throughout the whole descent profile. The analysis focuses on the Drag Coefficient.

Regime 1: Free Molecular Flow (200 km – 140 km)

The Knudsen number in this region is large (K n > 10), this means that the free path of the molecules
is larger the characteristic length of the capsule [110]. Molecules here do not interact between each
other, preventing the formation of shockwaves. In this Free Molecular Flow regime the analysis con-
siders a constant Drag Coefficient, relying on the the hypersonic rarefied flow analysis performed
on the Orion capsule by [56]:

CD ≈ 2.2 (for h > 140 km) (G.10)

This is the limit value for a blunt body in high altitude atmospheric condition (as detailed in the
reference study [56]).

Regime 2: Transition Regime (140 km – 100 km)

This is the region of transition between Free Molecular Flow and Continuum Flow Mechanics. In
order to estimate the value of the Drag Coefficient through this complex transition phase with-
out time consuming CFD simulations, a mathematical bridging function was implemented. The
molecular value (CDmo l

) and the continuum Newtonian value (CDne w t o n
) have been smoothly inter-

polated through a sine-squared weighing function (w ):

w (h ) = sin2
�

h −100

140−100
·
π

2

�

CD (h ) =w (h ) ·CDmo l
+ (1−w (h )) ·CDne w t o n

(G.11)
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Regime 3: Hypersonic Continuum (100 km – 50 km)

In this region, below the Kármán Line, the flow behaves like a Continuum Fluid. The capsule trav-
els at high hypersonic speed, causing a strong detached bow shock to form near the heat shield.
In order to characterize the Drag Coefficient in this region, the same Panel Method used to study
the aerodynamics of the Second Stage (based on the Modified Newtonian Theory) has been imple-
mented.

Blending Zone (50 km – 40 km)

To prevent discontinuities between the Panel Method results and the database values, a blending
zone has been implemented between 40 km and 50 km. A weighted interpolation enables a smooth
transition between the two regimes.

Regime 4: Supersonic to Subsonic (40 km – 0 km)

Below 40 km the capsule goes through the supersonic transonic and subsonic regime before reach-
ing sea level. The Modified Newtonian Theory loses accuracy in these regimes, especially in captur-
ing the transonic drag rise. In order to ensure the accuracy of the results in this region, experimental
data form the Orion Module Aerodynamic Database were utilized [57].

Figure G.9: Capsule CD vs altitude
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Appendix H

Ascent Phase Thermal Loads Insights

Convective Heat Flux Modelling at the Stagnation Point

Convective heating at the capsule stagnation point is modelled using an engineering-level formu-
lation based on classical convective heat-transfer theory. The heat flux is expressed as a function of
the convective heat-transfer coefficient and the temperature difference between the adiabatic wall
temperature and the actual wall temperature. This approach provides a physically consistent cou-
pling between the aerothermal environment and the Thermal Protection System (TPS) response
while maintaining low computational cost.

The stagnation-point convective heat flux is written as

q̇conv = hc (Ta w −Tw ) , (H.1)

where hc is the convective heat-transfer coefficient, Ta w is the adiabatic wall temperature, and Tw

is the wall temperature obtained from the TPS thermal model.

The adiabatic wall temperature represents the temperature that would be attained by the wall in
the absence of heat transfer and is computed using a recovery-factor formulation:

Ta w = T∞

�

1+ r
γ−1

2
M 2
�

, (H.2)

where T∞ is the freestream temperature, γ is the ratio of specific heats, M is the local Mach num-
ber, and r is the recovery factor. The recovery factor accounts for viscous dissipation within the
boundary layer and depends on the flow regime. For laminar flow, r = Pr1/3, while for turbulent
flow r = Pr0.4, with Pr denoting the Prandtl number.

The convective heat-transfer coefficient is evaluated using a Nusselt-number correlation of the
form

Nu= 2+
�

0.4 Re1/2+0.06 Re2/3
�

Pr0.4, (H.3)

which is applicable over a wide range of Reynolds and Prandtl numbers and is commonly used in
preliminary aerospace thermal analyses.

The Reynolds number is defined as

Re=
ρ∞V L

µ
, (H.4)

where ρ∞ is the freestream density, V is the capsule velocity, µ is the dynamic viscosity evaluated
at a film temperature, and L = 2Rn is a characteristic length based on the capsule nose radius Rn .

The convective heat-transfer coefficient is then obtained from

hc =
Nu k

L
, (H.5)

where k is the thermal conductivity of the gas, computed consistently from the dynamic viscosity
and Prandtl number through standard kinetic-theory relations.
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At high altitudes, where the flow progressively departs from the continuum regime, rarefaction ef-
fects become non-negligible. These effects are accounted for through a Knudsen-number-based
correction applied to the convective heat-transfer coefficient. The local Knudsen number is de-
fined as

Kn=
λ

Rn
, (H.6)

whereλ is the molecular mean free path. As Kn increases beyond the continuum limit, a smooth at-
tenuation function is applied to reduce the effective convective heat-transfer coefficient, ensuring
a physically realistic transition toward the free-molecular regime.

The convective heat flux is evaluated at each trajectory time step and is coupled with the TPS ther-
mal model through the wall temperature Tw . This coupling enables a self-consistent aero–thermal
interaction in which the wall temperature directly influences the convective heat flux, and vice
versa. The resulting stagnation-point temperature and heat-flux histories are shown in Figure 7.4,
illustrating the evolution of the thermal environment throughout the ascent phase.
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Appendix I

Public Risk and Uncertainty Analysis De-
tails

Expected Casualty (EC) Framework and Compliance Calculation

Public risk for launch and re-entry operations is regulated through the Expected Casualty (EC) met-
ric. Under 14 CFR §450.101, operators must demonstrate that the expected number of public casu-
alties satisfies

E C < 1×10−4. (I.1)

This criterion constrains the overall public risk and does not directly impose a limit on the vehicle
failure probability [60, 111, 112].

A common formulation is

E C =
∑

i , j

E Ci j =
∑

i , j

Pi j Ac

Np

Ap
, (I.2)

where:

• Ac is the effective casualty area (m2);

• Np/Ap is the population density over the affected footprint (people/m2);

• Pi j is the probability that hazardous debris (or the vehicle) impacts population cell j for fail-
ure mode/fragment i .

For preliminary sizing studies, it is common to aggregate the debris field into a single effective ca-
sualty area and interpret Pi j as a single effective failure probability Pfail over the relevant footprint.
On top of this, since the ignition of the first engine will take place over the Pacific Ocean, we may
consider the expected casualty risk for take off to be null. Under these simplifying assumptions,
the EC requirement yields an allowable failure probability upper bound:

Pfail,max ≈
E Cmax

Ac (Np/Ap )
. (I.3)

In this work, the following scenario-level assumptions were adopted:

• Effective casualty area Ac ≈ 290 m2 (capsule mass ∼ 6.5 t, conservative exposed footprint);

• Mean population density 6.1 people/km2 representative of the Pontes e Lacerda region.

Using these values and enforcing E Cmax = 10−4 results in the main-text value

Pfail,max = 5.65%. (I.4)

This value is a regulatory upper bound compatible with public safety compliance, not a recom-
mended design target. In sparsely populated regions and for limited casualty area, relatively large
values of Pfail may still satisfy the EC constraint because the FAA regulates the product of probability
and consequence (exposure), rather than probability alone [111, 112].
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Empirical Reliability Benchmark from Soyuz Flight Heritage

To contextualize the EC-derived limit, historical reliability data from the Soyuz descent module
were used as an operational benchmark. Soyuz represents a close analogue to a modern blunt-
body capsule system due to its:

• ablative thermal protection system,

• ballistic stability during entry,

• parachute-based terminal descent,

• land touchdown operations in sparsely populated regions.

Since the last fatal Soyuz re-entry accident (Soyuz 11 in 1971), approximately N ≈ 140 crewed re-
entries have been completed with no observed catastrophic failures during atmospheric entry,
parachute deployment, or landing [61, 62]. While off-nominal ballistic re-entries have occurred,
these events did not result in loss of crew.

Assuming independent trials and zero observed catastrophic failures, a conservative upper bound
on the catastrophic failure probability can be estimated via the binomial “rule of three”:

Pfail,cat <
3

N
(95% confidence). (I.5)

For N ≈ 140, this gives
Pfail,cat < 2.1% (95% confidence). (I.6)

This estimator is widely used in reliability engineering for rare, unobserved events [113].

Therefore, the empirically inferred upper bound (∼ 2.1%) lies below the EC-derived permissible
upper bound (5.65%). Thus, the EC constraint is not in conflict with demonstrated capsule heritage;
rather, it is permissive under the assumed low-density operating environment.

Uncertainty Modeling for Ascent Parameters

The nominal ascent trajectory assumes ideal (deterministic) parameter values. For robustness
assessment, uncertainty was introduced in the dominant propulsion and mass parameters com-
monly treated in preliminary launch-vehicle analyses [63, 114–116]:

• specific impulse Is p ,

• thrust T ,

• initial mass M0,

applied to both Stage 1 and Stage 2.

Sampling Method: Latin Hypercube Sampling (LHS) Latin Hypercube Sampling (LHS) was adopted
rather than standard Monte Carlo sampling because, for a given sample size N , LHS typically pro-
vides reduced estimator variance for mean and quantile estimates by stratifying each marginal dis-
tribution into equiprobable intervals and forcing one sample per stratum [64, 65]. This improves
marginal coverage and stabilizes tail estimates (e.g., P5/P95), which is particularly useful when as-
sessing dispersion and performance envelopes.

In the present implementation, Stage 1 and Stage 2 parameter uncertainties were treated as inde-
pendent marginals (i.e., no cross-stage correlation was imposed unless explicitly stated otherwise).
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Specific Impulse Uncertainty For each stage, Is p was modeled as a normal distribution centered
at the nominal value with a standard deviation of

σIs p
= 0.01 Is p ,nom, (I.7)

truncated at ±3σ. This corresponds to a mature-engine assumption and is consistent with typical
instrumentation/error-budget magnitudes and performance repeatability reported for developed
propulsion systems [63, 114].

Mass Uncertainty A secondary multiplicative mass perturbation was introduced to represent in-
tegration tolerances, propellant loading resolution, and bookkeeping effects not captured by Is p

uncertainty alone. The adopted dispersion was

σM0
= 0.005 M0,nom, (I.8)

also truncated at ±3σ [63, 116].

Thrust Uncertainty Thrust uncertainty for each stage was modeled with

σT = 0.01 Tnom, (I.9)

truncated at±3σ, consistent with conservative hot-fire repeatability and measurement uncertain-
ties [114, 115].

Trajectory Propagation and Interpretation of Asymmetric Dispersion

For each sampled parameter set, the ascent equations of motion were integrated using the same
open-loop guidance law (nominal pitch program) adopted for the baseline trajectory. This isolates
the effect of parametric uncertainty while preserving guidance consistency across realizations.

The stochastic trajectory ensemble remains of the same order of magnitude as the nominal trajec-
tory but exhibits a pronounced skew toward reduced apogee and downrange distance. This behav-
ior is physically expected in fixed-guidance ascent because:

• the nominal guidance law is near-optimal only for the nominal vehicle, and becomes subop-
timal for off-nominal performance realizations;

• off-nominal vehicles (especially low-thrust/high-mass/low-Is p cases) spend longer in dense
atmosphere and accrue larger gravity and drag losses;

• nonlinear ascent physics (e.g., D ∝ v 2 and coupled thrust–mass-flow–Is p behavior) cause
symmetric input perturbations to map to asymmetric output dispersion [28, 117–119].

Accordingly, the resulting set of trajectories should be interpreted as a robustness envelope about
the nominal ascent rather than a symmetric uncertainty cloud. This interpretation is consistent
with established uncertainty quantification practice for nonlinear systems [120].

Figures: Input Distributions and Stochastic Trajectory Dispersion

Figure I.1 presents the sampled input distributions used for uncertainty propagation. Figures I.2–
I.2c illustrate representative trajectory dispersion in state histories, planar trajectories, velocity mag-
nitude, and flight-path angle.
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(a) Stage 1 GLOW and Stage 2 total mass distributions before and after residual LHS-based deviation.

(b) Stage 1 specific impulse Is p ,1. (c) Stage 1 thrust T1.

(d) Latin Hypercube Sampling distributions for Stage 1 propulsion parameters.

(e) Stage 2 specific impulse Is p ,2. (f ) Stage 2 thrust T2.

(g) Latin Hypercube Sampling distributions for Stage 2 propulsion parameters.

Figure I.1: Uncertainty propagation inputs and resulting mass distributions for the two-stage
launch vehicle.
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(a) Time histories of position and velocity components for a subset of stochastic trajectories.

(b) x –y plane trajectories for the same stochastic realization subset.

Figure I.2: Stochastic ascent trajectory dispersion illustrated through state variables and physical
trajectories.
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(c) Velocity magnitude time histories, showing dispersion during ascent for the selected trajectories.

(d) Flight-path angle evolution as a function of time for the same stochastic trajectory subset.

Figure I.2: Stochastic ascent trajectory dispersion illustrated through velocity magnitude and flight-
path angle time histories (continued).
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Figure I.3: Re-entry trajectory set (altitude vs. downrange) for the simulated cases. The vertical
dashed line indicates the target downrange.

Landing Accuracy Analysis

This section presents a landing accuracy analysis for the re-entry capsule based on a numerical
two-dimensional re-entry model. The total landing dispersion is modeled as the quadrature sum
of four physically distinct and statistically independent error sources:

σtot =
Ç

σ2
wind+σ

2
para,sys+σ2

entry+σ
2
atm (I.10)

Before computing each contribution, the following subsections describe the physical origin and
interpretation of each error term.

Meaning of Each Error Term

Entry Dispersion (σentry)

This term represents the landing error caused by uncertainties in the state vector at atmospheric
entry. It accounts for:

• navigation uncertainty at entry,

• stage separation errors,

• sensitivity to atmospheric deceleration.

Atmospheric Variability (σatm)

Atmospheric density variations modify the aerodynamic drag force,

D =
1

2
ρACD V 2, (I.11)

thereby altering the deceleration path and producing dispersion in downrange impact. This term
captures:
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• meteorological density fluctuations,

• uncertainty in atmospheric models.

Parachute System Variability (σpara,sys)

Once the capsule transitions to subsonic flight under parachutes, small variations in drag coeffi-
cient or deployment timing directly affect the descent duration. Longer or shorter descent times
result in increased or reduced exposure to wind drift. This term captures:

• dispersion in parachute drag coefficient CD ,

• variability in full-deployment altitude,

• terminal velocity variations.

Wind Drift During Parachute Descent (σwind)

Wind drift represents the dominant low-altitude uncertainty. During parachute descent, the cap-
sule drifts horizontally with the local wind:

∆xwind =Vwind tdesc. (I.12)

Uncertainty in wind forecasts therefore produces direct landing dispersion. This term captures:

• unresolved local wind gusts,

• errors in meteorological prediction.

Entry Dispersion: Numerical Sensitivities

Entry dispersion is computed through numerical sensitivities of downrange distance with respect
to entry velocity and flight-path angle using finite differences:

∂ R

∂ V
=

R (V +∆V )−R (V )
∆V

, (I.13)

∂ R

∂ γ
=

R (γ+∆γ)−R (γ)
∆γ

. (I.14)

The resulting entry-induced dispersion is given by:

σentry =

√

√

√

�

∂ R

∂ V
σV

�2

+
�

∂ R

∂ γ
σγ

�2

. (I.15)

Atmospheric Density Variability

Atmospheric density is scaled by ±10%, and the resulting change in downrange distance is used to
compute the sensitivity:

Katm =
R (+10%)−R (−10%)

0.2
. (I.16)

The atmospheric dispersion is then given by:

σatm = |Katm|σρ,rel. (I.17)
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Parachute System Variability

Variations in parachute drag coefficient and effective deployment height modify the total descent
time. The associated sensitivities are:

∂ t

∂ CD ,rel
=

1

2
tdesc, (I.18)

∂ t

∂H
=

tdesc

Heff
. (I.19)

The resulting parachute-induced time dispersion is:

σ2
t =
�

1

2
tdescσCD

�2

+
�

tdesc

Heff
σH

�2

. (I.20)

This time dispersion is converted into downrange dispersion through wind drift:

σpara,sys =Vwindσt . (I.21)

Wind Drift During Parachute Descent

The wind-induced dispersion during parachute descent is computed as:

σwind = tdescσVwind
. (I.22)

Total Landing Accuracy

The final landing accuracy is obtained as:

σtot =
Ç

σ2
wind+σ

2
para,sys+σ2

entry+σ
2
atm. (I.23)

Summary of Landing Accuracy Contributions

Table I.1: Summary of landing accuracy contributions (placeholder values).

Error Source 1σDispersion [km]

Wind drift 5.71
Parachute system errors 0.57
Entry state dispersion 2.26
Atmospheric variability 1.20

Totalσtot 6.29
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Appendix J

Carrier Analysis Details

Launch and landing site with 20km range around the exact antipode

Figure J.1: Launch and landing site with 20km range around the exact antipode

Possible flight path launching East

Figure J.2: Possible flight path launching East
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Estimated flight envelope of Stratolauncher "Roc" with and without pay-
load along with the projected Release point

Figure J.3: Estimated flight envelope of Stratolauncher "Roc"

5s free fall plots for the altitude, velocity and trajectory

Figure J.4: 5s free fall plots for the altitude, velocity and trajectory

Supporting Calculations and Data Tables

Route Selection Criteria and Detailed Trajectory

The mission requires traveling from one point to its exact antipode on Earth, with a 20km tolerance.
To explore the launch sites possibilities, here are the set of requirements:
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• 3700m runway length for heavy vehicle takeoff

• Regulatory approval and Boeing 747 capability

• Flight path avoiding overpopulated areas, launching over ocean

• Proximity to equator for delta V gain

• Flat landing area

The selected launch site providing optimal delta V gain is: Manila Airport, Philippines to near
Bom Morto, west Brazil (see Fig. J.2) . This route is advantageous as Manila Airport’s proximity to
the equator provides significant delta V from Earth’s rotation. Additionally, Philippines and Brazil
maintain good diplomatic relations, eliminating political concerns for this military mission.

Using the flight envelope parameters, and applying a 2% climb rate to obtain the following flight
parameters:

Table J.1: Detailed Trajectory Parameters for Manila-Brazil Route

Trajectory - Route Value

Time to climb (min) 58.9
Distance travelled (km) 569.743
Distance Left to travel (km) 19467
Initial latitude – Launch site (°) 14.515
Launch latitude – At release (°) 13.181
Inclination (°) 104.51
Delta V gain from earth rotation – At release (m/s) 450.16

Using trigonometry to calculate Earth’s rotation speed at launch latitude, then modeling the car-
rier’s ascent phase to estimate time to climb and distance covered before release. This allowed to
determine the new latitude at release and calculate the precise delta V gain from Earth’s rotation.

Polar Characterization of Stratolaunch Roc

The aerodynamic polar of the Stratolaunch Roc carrier aircraft has been reconstructed using pub-
licly available flight-test data and official design information. Following standard subsonic trans-
port aircraft methodology, a parabolic drag polar is assumed:

CD =CD 0+k C 2
L . (J.1)

Here, CD 0 represents the zero-lift drag coefficient, while k is the induced drag factor.

From official Stratolaunch and Scaled Composites data [44], the main geometric parameters of the
vehicle are:

• Wing area: S ≈ 900 m2,

• Wingspan: b = 117.0 m,

• Aspect ratio:

AR =
b 2

S
≈ 15.2. (J.2)

The induced drag factor is computed assuming an Oswald efficiency factor e ≈ 0.80, which is con-
sistent with a high-aspect-ratio wing affected by twin-fuselage interference:

k =
1

πAR e
≈

1

π×15.2×0.80
≈ 0.026. (J.3)
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The zero-lift drag coefficient CD 0 is estimated using the most constraining documented flight con-
dition:

• Altitude: 35,000 ft [121],

• Mach number: M = 0.63,

• Aircraft mass: ≈ 440,000 kg (partially fueled, with hypersonic payload).

At this condition, the atmospheric properties are approximately ρ ≈ 0.40 kg/m3 and V ≈ 187 m/s.
Steady level flight requires a lift coefficient of about

CL ≈ 0.73. (J.4)

Assuming a conservative target lift-to-drag ratio of

�

L

D

�

cal
≈ 14, (J.5)

the corresponding drag coefficient is

CD ,cal =
CL

(L/D )cal
≈

0.73

14
≈ 0.052. (J.6)

Substituting into the parabolic polar expression yields the zero-lift drag coefficient:

CD 0 ≈CD ,cal−k C 2
L ≈ 0.052−0.026× (0.73)2 ≈ 0.038. (J.7)

The final reconstructed aerodynamic polar for Stratolaunch Roc is therefore:

CD = 0.038+0.026 C 2
L . (J.8)

This polar provides a maximum lift-to-drag ratio of approximately

�

L

D

�

max
≈ 14.4 (J.9)

at an optimal lift coefficient of
CL ≈ 0.72, (J.10)

corresponding to the cruise condition.

The relatively high value of CD 0 compared to conventional transport aircraft (typically 0.020–0.025)
is consistent with the aerodynamic penalties introduced by the twin-fuselage configuration, py-
lons, and external payload integration [122] [123].

The reconstructed polar is consistent with three documented flight conditions (first flight at 17,000 ft
and 164 kt [124], an intermediate test at 23,500 ft and 178 kt [125], and the calibration point [121]),
all yielding lift-to-drag ratios in the range 14–15.6.

This aerodynamic model is subsequently used to compute the baseline theoretical flight envelope
of the carrier aircraft, both with baseline payload and with the full 114,266 kg payload configuration.
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Carrier Flight Envelope Analysis

To determine a suitable release altitude and speed, an analysis of Stratolaunch Roc’s flight envelope
using maiden flight data [124] combined with the above mentioned estimations for the aircraft’s
polar was performed. Since the program has never been tested at full payload capacity, the baseline
flight envelope was modeled from a flight carrying a 2-ton payload. The projection of that flight
condition at different altitudes and at the design payload was taken as the upper bound of the flight
envelope. To determine the lower bound of the envelope a≃ 80m/s minimum speed for liftoff (sea
level) was assumed1; being more interested in upper bounds, this condition was not investigated
further.

From the baseline flight envelope, the model configuration with the 114.266 t LV payload, gave the
new maximum altitude, stall speed, and max speed. Results for the the upper bound for release
conditions, applying a 5% safety margin on maximum speed (See Fig. J.3), are presented in Tab.
J.2.

Table J.2: Maximum release conditions

Parameter Value
Maximum release altitude 11 948.2 m
Maximum release speed 172.2 m/s

Rocket Free-Fall Analysis

To set realistic altitude and speed at ignition, a simple analysis was conducted on the rocket’s 5-
second free fall 2 after carrier release.

Using computed aerodynamic coefficients and release point data:

• CD = 0.55 (drag coefficient below Mach 0.8)

• 114,266 kg payload mass

• 9.079 m² reference area

This study (See Figure J.4) does not consider the lift coefficient from the wings of the rocket and
gives conservative performance estimates.

Table J.3: Free-Fall Losses and Ignition Conditions

Free fall losses Conditions at ignition

• Altitude loss: 122.2 m
• Horizontal speed loss: 0.76 m/s

(0.44%)
• Vertical speed gain: -48.97 m/s

• Altitude: 11,826 m
• Horizontal velocity: 171.4 m/s
• Vertical velocity: -48.97 m/s
• Mach number: 0.612
• Distance covered while falling: 859

m

This analysis reveals a crucial element: modelling the free fall leads to a negative flight angle at
ignition due to negative vertical velocity, therefore a non zero flight path angle would be required
to the carrier. Not necessarily a pull up, yet at least a stationary climb.

1based on Boeing 747-400[126]

2based on Pegasus’s operations[43]

L



By comparing data Tab. J.2 via the analysis in J.3 with the ignition conditions selected in Tab J.4, the
available margins were considered in line with the design goals, yet shall be investigated further in
next iterations.

γ0 h0 v0

0◦ 11400 m 170 m/s

Table J.4: Ignition Conditions

Final Launch Parameters Summary

Table J.5: Final Launch Parameters at Rocket Ignition

Trajectory – At ignition Value

Distance travelled (km) 569
Distance Left to travel – at ignition (km) 19467
Initial Altitude – at ignition (m) 11400
Initial Speed – at ignition (m/s) 170
Delta V gain from earth rotation – at ignition (m/s) 450.16
TOTAL Delta V gain – at ignition (m/s) 608.2

In the end, the total Delta V gained is 608.2 m/s for the rocket, releasing at 11400m and 170 m/s.
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Appendix K

Further Guidance & Control Insights

Mass and Inertia Modeling

The mass properties of aerospace vehicles are commonly modeled as time-varying quantities in
order to account for propellant consumption, staging events, and changes in mass distribution
throughout the flight [58]. In this study, the vehicle is represented as a multi-segment rigid body
system consisting of the first stage, second stage, payload capsule, and launch abort system (LAS).

The total mass of the vehicle at time t is expressed as the sum of the individual segment masses [58]:

m (t ) =
n
∑

i=1

mi (t ), (K.1)

where n denotes the number of vehicle segments and mi (t ) represents the time-varying mass of
the i -th segment. In this study, n = 4.

The longitudinal center of gravity location of the vehicle is computed using the standard mass-
weighted formulation for composite bodies [58]:

xcg(t ) =

∑n
i=1 mi (t ) xi (t )
∑n

i=1 mi (t )
, (K.2)

where xi (t ) denotes the center of gravity location of the i -th segment measured along the body-
fixed longitudinal axis. The mass moment of inertia of the vehicle about the out-of-plane axis pass-
ing through the overall center of gravity is calculated using the parallel axis theorem for composite
rigid bodies [58]:

Icg(t ) =
n
∑

i=1

�

Ii (t )+mi (t ) r
2

i (t )
�

, (K.3)

where Ii (t ) is the moment of inertia of the i -th segment about its own center of gravity, and ri (t ) is
the distance between the center of gravity of the i -th segment and the overall center of gravity.

To estimate the inertia properties of geometrically complex vehicle components, simplified geo-
metric representations are commonly employed [58]. In this work, the first and second stages are
modeled as rectangular bodies, while the payload capsule and the launch abort system are approx-
imated as an isosceles trapezoid and an isosceles triangle, respectively. The geometric moments of
inertia of these components are first computed based on their shape and dimensions and subse-
quently converted into mass moments of inertia using the corresponding mass-to-area ratios.

The mass and inertia properties of the vehicle are evaluated over four distinct flight phases to ensure
physical consistency across propulsion and staging events [58]:
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First stage burn→ Coast phase prior to stage separation→ Coast phase following stage separation
→ Second stage burn

Different mass distributions, reference frames, and active vehicle components are adopted for each
flight phase in order to accurately capture the dynamic evolution of the vehicle mass properties
throughout the mission.

PID Control Law Formulation

The thrust vector deflection angle δ(t ) is generated by a proportional–integral–derivative (PID)
controller acting on the pitch tracking error eθ (t ) = θref(t )− θ (t ). Therefore, the control law is de-
fined as [127]:

δ(t ) = KP eθ (t )+KI

∫ t

0

eθ (τ)dτ+KD ėθ (t ), (K.4)

where KP , KI , and KD denote the proportional, integral, and derivative gains, respectively.

Additional Guidance and Control Results

This appendix presents additional simulation results for the second stage of flight to provide further
insight into the guidance and control performance. The figures illustrate the evolution of key flight
variables and demonstrate the consistency between the optimized reference trajectories and the
controlled response.

Figure K.1: Optimized and controlled pitch angle during the second stage.

Fig. K.1 demonstrates that the controlled pitch angle closely follows the optimized reference through-
out the maneuver.

Figure K.2: Optimized and controlled total velocity during the second stage.

Fig. 9.1 shows the commanded thrust vector deflection angle. An initial transient due to uncertainty
in the initial pitch rate and derivative action is observed, after which small thrust vector deflections
are sufficient to maintain trajectory tracking, indicating limited control effort.
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Figure K.3: Time history of the angle of attack during the second stage, comparing the optimized
reference and the controlled response.

Fig. K.3 shows the angle of attack evolution during the second stage. The controlled response
closely follows the optimized reference throughout the maneuver, indicating effective regulation
of aerodynamic loading.

Figure K.4: Flight path angle during the second stage for the optimized and controlled trajectories.

Fig. K.4 illustrates the flight path angle evolution. The near-perfect overlap between the optimized
and controlled profiles confirms accurate trajectory tracking in the inertial frame.

Figure K.5: Pitch rate response of the controlled vehicle during the second stage.

Fig. K.5 presents the pitch rate of the controlled vehicle. Small oscillations are observed during the
initial transient, followed by a smooth response, proving sufficient damping by the control law.
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Appendix L

Trajectory Data & Validation

Figure L.1: α(t ) = θ (t )−γ(t ). Figure L.2: Optimal θ (t )

Figure L.3: pitch rate θ̇ (t ). Figure L.4: angular acceleration θ̈ (t ).
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Figure L.5: Pegasus’sα(t ) and dynamic pressure
according to first test flight [16].

Figure L.6: Pegasus’s ascent profiles according
to [38].

Figure L.7: Pegasus’s altitude profile according
to first mission data [15]

Figure L.8: Pegasus’s aerodynamic coefficients
according to first mission data [15].
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Figure L.9: Dynamic pressure and Mach num-
ber profiles. Figure L.10: Normal Accelerations in g-load

Figure L.11: CL from nominal trajectory (first
stage).

Figure L.12: CD from nominal trajectory (first
stage).

Figure L.13: CL from trajectory with model
smoothing implemented(first stage).

Figure L.14: CL from trajectory with model
smoothing implemented(first stage).
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Appendix M

Functional Analysis & Requirements Allo-
cation

This appendix presents the functional analysis and requirement’s system allocation for the Hyper-
Lander concept design. The analysis breaks down the mission into three main operational phases:
Pre-launch, Ascent Operations, and Recovery. Each phase is further decomposed into primary
functions and subfunctions to illustrate the sequence of operations and system interdependencies.

PRE-LAUNCH

Integrate capsule + LAS + LV

- Capsule mating and close-out
- LAS interfaces verification
- Data, power, comm checks

Load propellants and pressurants

- Propellant conditioning
- Leak checks

Configure crew systems

- ECLSS activation
- Crew ingress and hatch closure

Arm abort and safety systems

- LAS armed
- Abort logic enabled
- Range safety configuration

Integrate launcher with carrier

Reach release conditions

- Correct altitude and speed
- Health monitoring

Execute launcher release

Figure M.1: Functional Analysis — Pre-launch phase.
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ASCENT OPERATIONS

Stage-1 Ignition and Ascent

- Ignite Stage-1
- Control
- Maintain Ascent Profile

Monitor Crew Safety & Abort Readiness

- Cabin Pressure
- Loads and Vibration
- Fault Detection and Abort Logic

Transmit Telemetry and Comms

- Vehicle Telemetry
- Crew Communications

Manage Aerothermal & Structural Loads

- Structural Integrity at Max-Q
- Thermal Environment Protection

Stage-1 Shutdown (MECO)

- Command Cutoff
- Jettison of the LAS

Perform Stage separation

- Separation System Actuation

Ignite Stage-2

- Stable Thrust Verification
- Transition Guidance Mode

Stage-2 Guidance to Target Trajectory

- Trajectory Corrections
- Meet Insertion Conditions

Separate Capsule on Target Trajectory

- Capsule Separation
- Post-Separation Safing

Figure M.2: Functional Analysis — Ascent operations.
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RECOVERY

Prepare for atmospheric entry

- Attitude control
- TPS configuration
- Systems reconfiguration

Survive re-entry environment

- Aerothermal loads
- Dynamic pressure / deceleration
- Maintain cabin integrity

Guide capsule to landing area

- Real-time GNC corrections
- Landing footprint targeting

Transmit telemetry and locate capsule

- Tracking and beacon activation
- Recovery coordination

Deploy parachute landing system

- Drogue parachute
- Main parachutes
- Touchdown energy absorption

Recover crew and safe vehicle

- Crew extraction and medical
checks
- Capsule safing and shutdown

Figure M.3: Functional Analysis — Recovery phase.

The functional analysis presented in this appendix provides a systematic breakdown of the Hyper-
Lander mission operations. The three phases — Pre-launch, Ascent Operations, and Recovery —
encompass all critical functions required for mission success. Each function has been defined with
associated subfunctions to ensure comprehensive coverage of operational requirements.

The color coding used in the diagrams follows a logical hierarchy:

• Dark blue: Main operational phases

• Medium blue: Primary functions and flow arrows

• Cadet blue: Subfunction borders

• Light blue: Function backgrounds

This analysis serves as the foundation for detailed system design and operational planning for the
project.
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Figure M.4: General system’s requirements allocation.
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Appendix N

Optimal Staging

Problem definition

A two-stage launch vehicle is considered with a prescribed total mission requirement

∆V1+∆V2 =∆Vreq, ∆Vi ≥ 0. (N.1)

A Launch Abort System (LAS) of mass mLAS is attached at lift-off and jettisoned at second-stage
ignition. As a consequence, stage 2 accelerates a reduced upper mass compared to stage 1.

Objective The objective is to minimize the lift-off mass:

min m0,1. (N.2)

Rocket equation and mass-ratio formalism

Each stage i ∈ {1, 2} is modeled with constant specific impulse Is p ,i , defining the effective exhaust
velocity

ve ,i = g0Is p ,i . (N.3)

The mass ratio required to deliver∆Vi is given by the Tsiolkovsky equation:

Ri =
m0,i

m f ,i
= exp

�

∆Vi

ve ,i

�

, ∆Vi = ve ,i ln Ri . (N.4)

Here m0,i and m f ,i are respectively the ignition and burnout masses of stage i .

Structural mass fraction and stage growth factor

Let ms ,i and mp ,i be the dry structural mass and propellant mass of stage i . The structural mass
fraction is defined as

ϵi =
ms ,i

ms ,i +mp ,i
, 0< ϵi < 1. (N.5)

Let mupper,i denote the mass carried above stage i at ignition. Then

m0,i = (ms ,i +mp ,i ) +mupper,i , (N.6)

m f ,i =ms ,i +mupper,i . (N.7)

From the definition of ϵi ,

ms ,i =
ϵi

1− ϵi
mp ,i . (N.8)

Combining this relation with the rocket equation yields the stage growth factor :

λi =
m0,i

mupper,i
=

Ri (ϵi −1)
Ri ϵi −1

. (N.9)
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Feasibility condition The growth factor is physically meaningful only if

Ri <
1

ϵi
⇔ Ri ϵi −1< 0, (N.10)

otherwise the required mass would diverge.

Growth factor as a function of∆Vi Since Ri = exp(∆Vi /ve ,i ),

λi (∆Vi ) =
exp(∆Vi /ve ,i )(ϵi −1)
ϵi exp(∆Vi /ve ,i )−1

. (N.11)

LAS separation and upper-mass definitions

With LAS jettison at second-stage ignition, the upper masses are

mupper,2 =mP L , (N.12)

mupper,1 =m0,2+mLAS. (N.13)

Using the growth factor,
m0,2 =λ2mP L , (N.14)

and therefore the lift-off mass becomes

m0,1 =λ1

�

λ2mP L +mLAS

�

. (N.15)

This expression captures the effect of LAS separation: the LAS penalizes stage 1 only, hence tends
to shift the optimal∆V toward stage 2.

Optimization problem

Decision variables and constraints

The decision variables can be taken as either (∆V1,∆V2) or equivalently (R1, R2):

R1 = exp

�

∆V1

ve ,1

�

, R2 = exp

�

∆V2

ve ,2

�

. (N.16)

The mission constraint is∆V1+∆V2 =∆Vreq, together with the feasibility constraints for both stages.

Lagrangian formulation

To avoid confusion with the growth factors λi , the Lagrange multiplier is denoted Λ. The con-
strained problem is

min
∆V1,∆V2

m0,1(∆V1,∆V2) s.t. ∆V1+∆V2 =∆Vreq. (N.17)

The Lagrangian is
L =m0,1(∆V1,∆V2) +Λ(∆V1+∆V2−∆Vreq). (N.18)

Stationarity yields
∂m0,1

∂∆V1
=
∂m0,1

∂∆V2
=−Λ. (N.19)
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Meaning of Λ At optimum, Λ represents the marginal penalty in lift-off mass per unit increase in
mission requirement:

Λ=
∂m⋆

0,1

∂∆Vreq

�

kg

m s−1

�

. (N.20)

Final formulas for the∆V split

Using the mission constraint,
∆V2 =∆Vreq−∆V1. (N.21)

The mass ratios become

R1(∆V1) = exp

�

∆V1

ve ,1

�

, (N.22)

R2(∆V1) = exp

�

∆Vreq−∆V1

ve ,2

�

. (N.23)

The corresponding growth factors are

λ1(∆V1) =
R1(ϵ1−1)
R1ϵ1−1

, (N.24)

λ2(∆V1) =
R2(ϵ2−1)
R2ϵ2−1

. (N.25)

Substituting into the lift-off mass expression yields the one-variable objective:

m0,1(∆V1) =λ1(∆V1)
�

λ2(∆Vreq−∆V1)mP L +mLAS

�

. (N.26)

Closed-form optimality equation

The optimum satisfies
d

d∆V1
m0,1(∆V1) = 0. (N.27)

Since λi =λi (Ri )with Ri = exp(∆Vi /ve ,i ),

dλi

d∆Vi
=

(1− ϵi )Ri

ve ,i (Ri ϵi −1)2
. (N.28)

Applying the optimality condition gives

�

dλ1

d∆V1

�

(λ2mP L +mLAS) =λ1mP L

�

dλ2

d∆V2

�

, ∆V2 =∆Vreq−∆V1. (N.29)

Once solved numerically for∆V ⋆
1 ,

∆V ⋆
2 =∆Vreq−∆V ⋆

1 , (N.30)

R ⋆1 = exp

�

∆V ⋆
1

ve ,1

�

, (N.31)

R ⋆2 = exp

�

∆V ⋆
2

ve ,2

�

. (N.32)
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Appendix O

Atmospheric Model

In the whole design process the US 1976 standard atmosphere model was adopted [110].

Figure O.1: Temperature Profile
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Figure O.2: Pressure Profile Figure O.3: Density Profile

Figure O.4: Thermal Conductivity Profile Figure O.5: Dynamic Viscosity Profile
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